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ABSTRACT
The U.S. Vision for Space Exploration calls for NASA to undertake human
exploration of the Moon and Mars. This endeavor must be performed in an affordable
manner in order to be successful. This thesis outlines a series of affordability strategies
that could be considered as part of the Vision for Space Exploration. Analyses of specific
options for affordable human Moon and Mars missions along with integrated exploration
campaigns are presented. Significant results for lunar missions include recommendations
to employ extended pre-descent loiter for sortie missions to more challenging sites and
the use of a single launch approach, as opposed to NASA’s current 1.5 launch baseline,
for crewed lunar missions. There appears to be significant opportunity for commonality
between Moon and Mars exploration systems if appropriate choices are made during
system development. Robust Mars missions appear to be achievable with the Earth
launch and departure system currently under development by NASA, without the need
for investments in advanced propulsion options such as nuclear thermal or electric
propulsion. The affordability of the lunar campaign would be enhanced greatly by the use
of dedicated cargo flights for lunar outpost deployment, in contrast with NASA’s current
plan to incrementally deploy an outpost with crewed flights alone.
Thesis Supervisor: Edward F. Crawley
Title: Professor of Aeronautics and
Astronautics and Engineering Systems
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1 Introduction
NASA’s Vision for Space Exploration, announced by U.S. President George W.
Bush on January 14, 2004, calls for the sustained exploration of space, including the
human exploration of the Moon and Mars [Bush, 2004]. This a long term effort that
requires NASA to transition from an organization focused on operating the Space Shuttle
and assembling the International Space Station, to a more outward focused agency
developing and operating a series of new systems to accomplish ambitious new goals.
This report aims to outline and analyze strategies that can aid NASA in exploring
the Moon and Mars in an affordable fashion. While focused on NASA’s efforts, the
concepts will likely also be relevant to other similar activities in the space arena. The
intent of this report is to provide options to NASA decision makers to aid them in
meeting the exploration program goals in an affordable manner.
A wide variety of human Moon and Mars exploration studies have been
conducted in the past [Drake, 1998; DuPont, 1993; Hoffman, 1997; Houbolt, 1961;
NASA, 1975; NASA, 1992; NASA, 2002; Walberg, 1993; Weaver, 1993; Zubrin, 1991;
Zubrin, 1993]. NASA has also conducted or commissioned a number of internal and
external studies related to the execution of the Vision for Space Exploration since the
program’s inception in January 2004 [NASA, 2004; Robertson, 2004; Mazanek, 2004].
These studies serve as a back-drop to the analyses and results outlined in this report. Four
recent studies worthy of particular note are described below.
Beginning in September 2004, the Massachusetts Institute of Technology working
with the Charles Stark Draper Laboratory, conducted a one-year, comprehensive study
for NASA of potential human Moon and Mars exploration architectures [Draper, 2005].
This study, termed the Draper-MIT Concept Exploration and Refinement (CE&R) study,
provided a foundation for much of the subsequent work performed at MIT on the topic of
space exploration architecture, including the work presented in this report.
Towards the end of the CE&R study, NASA conducted an internal study to define
the systems architecture for the Vision for Space Exploration, with a particular emphasis
towards defining the elements required to support access to the International Space
Station and human lunar missions. This Exploration Systems Architecture Study (ESAS)
drew from the work of a number of internal and external studies (including the DraperMIT CE&R study) and defined four major elements to be developed to support initial
missions to the Moon [NASA, 2005a]. While the design of each element has evolved
since ESAS, the primary functions performed by each element remain the same, and are
described in Table 1.
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Table 1. Major ESAS element functions and comparison to similar elements from
Apollo program [NASA, 2005a; NASA, 1975].
ESAS Element Name,
ESAS Element Functions
Apollo Element Functions
Similar Apollo Element
Crew Exploration Vehicle Support crew during Earth
Support crew during Earth
(CEV)
launch, transit to and from
launch, transit to and from
lunar orbit, and during Earth lunar orbit, and during Earth
Similar to Apollo
entry.
entry.
Command and Service
Module (CSM)
Perform trans-Earth
Perform lunar orbit insertion
injection propulsive
and trans-Earth injection
maneuver.
propulsive maneuvers.
Lunar Surface Access
Perform lunar orbit
Perform descent and ascent
Module (LSAM)
insertion, descent, and ascent propulsive maneuvers.
propulsive maneuvers.
Similar to Apollo Lunar
Support crew during lunar
Module (LM)
Support crew during lunar
descent, ascent, and sortie
descent, ascent, and sortie
surface stay.
surface stay.
Crew Launch Vehicle
Launch the CEV into lowLaunch the CSM into low(CLV, or Ares I)
Earth orbit for lunar, space
Earth orbit for space station
station, and other LEO
and other LEO missions
Similar to Saturn IB
missions
Cargo Launch Vehicle
Launch the LSAM into low- Launch the LM and CSM
(CaLV, or Ares V)
Earth orbit and propel the
into low-Earth orbit and
propel them to trans-lunar
LSAM and CEV to transSimilar to Saturn V
lunar injection
injection
Support heavy launch
requirements for other
missions (e.g., human Mars
missions)

Support heavy launch
requirements for other
missions (e.g., Skylab space
station deployment)

Based upon the ESAS results, MIT has been performing a study for NASA
regarding the LSAM architecture and overall lunar exploration campaigns. The work
presented in this report was primarily conducted as part of this study. The study involves
exploration of a large number of LSAM architectural concepts (various propellant types,
staging options, crew compartment configurations, etc.), investigating how these LSAM
concepts fit into an overall lunar campaign, and determining methods of increasing the
affordability of the overall exploration endeavor.
In parallel with the current MIT LSAM and lunar campaign study, NASA created
a Lunar Architecture Team (LAT) which focused on the overall sequence of NASA’s
lunar missions, including the establishment of a lunar outpost. The LAT results were
released towards the end of the MIT LSAM and lunar campaign study, and included
some modifications to the LSAM in-line with recommendations from the MIT effort.
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This report includes an evaluation of a number of alternate campaigns relative to the
campaign developed in the LAT study.
The approach used in this report begins with the identification of potential
affordability strategies that could be applicable to NASA’s exploration efforts. The
strategies are general in nature and are intended to classify affordability techniques that
would actually be employed. Both technical and programmatic affordability strategies are
identified. A subset of the technical affordability strategies are then assessed in the
context of NASA’s Moon and Mars exploration program in order to determine their
applicability.
Unless otherwise stated, this report assumes a baseline architecture as outlined in
the ESAS report with the following changes:
1)
The CEV SM makes use of storable hypergolic propellant.
2)
The LSAM ascent stage also uses storable hypergolic propellant.
3)
The Ares V is able to launch 55 mt to TLI in a single launch and 65 mt to
TLI with 20 mt added at LEO (the assumed mass of the CEV after
rendezvous and docking when launched by an Ares I). An analysis is
included in Appendix A regarding the performance capability of the Ares V
for alternate missions, and further describes the assumptions regarding the
Ares V.
For propulsion stage sizing purposes, a propulsion stage model developed by
Wilfried K. Hofstetter as part of the MIT LSAM architecture study is employed unless
otherwise specified. This model takes as input propulsion parameters including specific
impulse, engine mass, fuel and oxidizer densities and storage pressures, Delta-V’s for
either one or two maneuvers with associated payloads, and whether the stage is used to
land (and if so whether after the first or second maneuver). The model computes the
required propellant capacity by iteratively solving the rocket equation with the dry mass
of the propulsion stage based upon propellant and pressurant tank sizing equations along
with empirical structural and landing gear (when appropriate) masses.
Other models and assumptions are presented as they are used in this report. In
general, the approach is intended to provide sufficient resolution to provide insight to
system developers as to particular options to be considered in further depth. The technical
approach is also intended to have a reasonably high degree of confidence in the results –
as such, more conservative assumptions regarding system performance tend to be
selected in these analyses.
In order for the exploration of the Moon and Mars to occur in a timely fashion it
must be affordable. The specific objective of this report is to provide options to decision
makers, particularly within NASA, regarding how to improve the affordability of the
Vision for Space Exploration, and the exploration of the Moon and Mars more generally.
This includes both a description of potential strategies for affordability and analysis of
selected strategies to determine their applicability towards NASA’s efforts.
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This chapter describes the overall purpose of the report, its background and
context, and the general assumptions and models used, as well as an overview of the
remainder of the document. Chapter 2 defines affordability as used in this report and
describes a series of affordability strategies that may be applicable towards space
exploration endeavors in general. Chapter 3 specifically investigates a number of
potential affordability strategies related to human lunar exploration activities. Chapter 4
does the same, but now for human Mars exploration, and includes analysis of the
potential for commonality between Moon and Mars exploration systems. Chapter 5
analyzes a series of potential exploration campaigns that involve human lunar exploration
in preparation for human missions to Mars, and determines attributes of these campaigns
that can make exploration more affordable on the whole. Finally, Chapter 6 describes the
overall conclusions of this report. Appendix A is included to describe in more detail the
analysis of the alternate mission capabilities of the launch vehicles currently under
development by NASA for exploration.
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2 Exploration Affordability Strategies
This chapter examines potential strategies that could be used to increase the
affordability of the Vision for Space Exploration. The chapter begins by defining
exploration affordability as used in this report. It then describes a series of potential
technical and programmatic strategies that could be used to increase affordability. These
strategies serve as a basis for the remainder of the analyses presented in this report.

2.1 Exploration Affordability Defined
NASA exploration endeavors are constrained by a funding profile that defines the
amount of money that can be expended in each budget year. In proposing the Vision for
Space Exploration, the White House did not project significant increases in NASA’s
overall budget, but instead a reallocation of existing (annual) funding within human
spaceflight efforts as the Space Shuttle and Space Station programs ramp down [Bush,
2004]. While the actual level of funding in a particular year is determined through the
Congressional appropriations process, estimates exist as to what will be provided to
exploration in future fiscal years in order to enable program planning. Unlike commercial
enterprises, NASA is unable to borrow money from financial markets in order to offset
current expenses with future projected revenue (the Anti-Deficiency Act prohibits
government agencies from committing the federal government to expenditures that do not
have corresponding Congressional appropriations [31USC1341]), meaning that NASA is
unable to directly use alternate financing means to navigate through the constrained
exploration funding profile.
In light of the budget profile available for exploration endeavors, the impact of
increased affordability in exploration activities is distinct from the impact of increased
affordability in a commercial entity. While in a commercial entity cost decreases for a
particular product will typically be translated into increased profit for the owners, there is
no direct corollary to profit in the case of NASA. Having a decreased cost in a NASA
project could allow the project in question to deliver its value earlier (assuming that the
total cost is invariant with schedule), or it could provide options for increased benefit
through either providing greater functionality in the project itself (increasing its cost back
to the baseline value) or by opening up funding for other (possibly new) projects to
provide further benefit. It is also worth noting that decreased cost may make feasible an
activity that otherwise would have been infeasible under the available funding profile.
The result in such a case would be a significant increase in delivered benefit (given that
the activity that did not fit in the funding profile would deliver no benefit).
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Cumulative Benefit / Progress

Potential Impacts of Increased Affordability
Assuming a Fixed Budget Profile
Greater Benefit

Earlier Benefit

Baseline Approach

Time

Figure 1. Examples of increased exploration affordability under fixed budget
profile.
Figure 1 shows examples of potential impacts resulting from increases in
affordability in exploration endeavors relative to a baseline approach (in black). Figure 1
shows one example where benefit occurs earlier (in blue) and one example where the
degree of benefit is increased (in red). This serves to illustrate the impact of affordability
increases in a simplified manner. In considering options for an actual program, some
combination of both increases in benefit and providing benefit earlier would of course be
considered. In addition as mentioned previously it could very well be that the baseline
approach does not fit within the funding profile and thus delivers no benefit. It is also
important to note that benefit in reality is not a simple value that can truly be assessed in
a single metric, but is instead a multi-attribute utility function where the weighting of
different forms of benefit will depend upon the observer, and is thus subject to trade. One
could be presented with two options, as an example, one of which provides a longer
duration at a single location on the Moon versus another that spends smaller cumulative
time at a larger variety of lunar sites. While benefit is derived from each activity, it is
unclear which is superior without consideration of a larger context within which each
activity occurs and the goals of the overall endeavor.
In discussing affordability strategies, it is worth considering three major cost
elements for a system. Non-recurring or development cost is a one-time up-front
investment that must be made in order development and test a system, and bring it up to
operational status. Once operating, a system will experience both fixed recurring and
variable recurring costs. Fixed recurring costs will be those costs that must be paid on
- 16 -

an ongoing basis independent of the rate of utilization of a system. For example, certain
facilities maintenance and sustaining engineering activities may be required at the same
level whether a system is used once per year or ten times per year. Variable recurring
costs will be those costs that occur with each use of a system. For example hardware
manufacturing costs for an expendable system would tend to be variable recurring costs.
Many of the affordability strategies described in this report will tend to decrease
at least one element of cost for fixed benefit. Some will tend to decrease costs at the
expense of benefit. Some strategies will also tend to decrease one cost element while
raising another cost element. In establishing an overall exploration program, one could
use a “portfolio approach” in which a variety of affordability strategies are combined,
perhaps with one strategy increasing a cost element and another decreasing that same cost
element, while offering overall an increase in benefit and/or decrease in total cost. In
crafting such an exploration program, the overall objective would be to maximize benefit
delivered and/or accelerate its delivery while navigating within the overall exploration
funding profile. It may very well be that certain affordability strategies would be
employed so as to increase benefit at fixed cost (rather than decrease cost at fixed benefit)
in such an exploration program.
As such, to assess affordability strategies, it is worth considering the impact the
strategies have on the benefit delivery curves of the exploration program, rather than
solely their impact upon cost alone. For example, an exploration program that delivers
significantly more benefit over the same time period as another strategy (both within the
available funding profile) would be preferred, even though the actual cost is not reduced,
since the benefit received for the investment is greater. Similarly, as another example,
strategies that involve international partners may result in increased total cost for a given
endeavor (due to increased program overhead), although by delivering greater benefit
within the same funding profile provided to NASA by Congress, these activities can be
considered more affordable. Taking the definition even further, one could argue that
strategies that tend to increase the funding provided by Congress to NASA for
exploration could make exploration activities more affordable (in the context of the
exploration endeavor itself, even though the cost would increase). By having a greater
amount of funding available, NASA would presumably be able to deliver more benefit or
benefit earlier. Conversely, and perhaps more intuitively, actions that cause Congress to
decrease funding provided for exploration would tend to cause exploration activities to be
less affordable for NASA.

2.2 Description of Affordability Strategies
This section describes strategies that we have identified as potentially offering
increases in exploration affordability. The strategies are grouped into two main
categories; one emphasizing technical strategies, the other programmatic strategies.
While this distinction is made, it is important to note that strategies that tend to be more
technical in nature can have significant programmatic impacts and vice versa. In addition,
while strategies are presented as being distinct options, in actual practice hybrids of these
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strategies may also be employed, and linkages are likely to exist between a number of
strategies in this regard. These strategies are general tools that hold the potential to
increase affordability. The effectiveness of the strategies will depend upon the specific
program or system they are applied to, as well as the way in which the strategies are
applied. In one instance a particular strategy could increase affordability while in another
instance the same strategy could decrease affordability. As such, this listing provides
guidance regarding areas to investigate affordability options further, as opposed to a
listing of strategies that are always applicable.

2.2.1 Technical Affordability Strategies
The strategies described in this sub-section tend to be more technical in nature,
meaning that they tend to most strongly impact the actual system design, implementation,
and operation, as opposed to the manner in which the program is structured.
Table 2 presents each of the affordability strategies identified in the technical
category. It provides a representation of the impact of each strategy in the technical
domains of system form, system function, and system operation. By providing this
representation, one is able to both more crisply define each of the affordability strategies
under consideration as well as identify potential alternate affordability strategies that
would otherwise not have been considered. Table 3 shows the tendency of each technical
affordability strategy to impact the three major cost elements (non-recurring cost, fixed
recurring cost, and variable recurring cost) and benefit. Each of the technical affordability
strategies is described in turn.
Table 2. Categorization of technical affordability strategies.
Commonality

Form

Function

Operation

Platform

One design

Many

Legacy

Previous -> Current

Previous -> Current

Extensible

Current -> Future

Current -> Future

Minimal

Minimize

Efficient

Minimize

To meet

Multifunctional

One instance

Many

Reusable

One instance

Repeatedly

Use of Local
Resources

With local resources

Accretion

Provide
incrementally

Volume Production

Many instances
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Increase
incrementally
Many times

Table 3. Technical affordability strategies’ tendency on cost elements and benefit.
Platform
Legacy
Extensible
Minimal
Technology
Insertion
Technology
Avoidance
Efficient
Multifunctional
Reusable
ISRU
Accretion
Volume
Production

Non-Recur. Cost
Down
Down

Fixed Recur. Cost
Down
Up

Benefit
Fixed
Fixed

Down

Var. Recur. Cost
Fixed/Down
Up
Up then
Fixed/Down
Down

Up then Down

Up then Down

Down
Up

Down

Down

Fixed

Down

Up

Up

Fixed

Down
Up
Up
Up/Down
Fixed

Down
Down
Up
Up/Down
Fixed

Down
Down
Down
Down
Down

Fixed
Fixed
Fixed
Fixed
Delayed

Up

Up

Down

Fixed

Fixed
Down

Commonality is frequently cited as a desirable attribute in system development,
in part due to affordability considerations. We consider commonality in three substrategies: platforming, legacy, and extensibility.
Platforming involves the use of an identical or similar element design to support
two or more unique operations, either as distinct elements within a single system or as
distinct elements in multiple systems. Time phasing is not explicitly considered in this
definition of platforming, although it typically would be the case that platform elements
would be operated concurrently for at least some portion of their lifetime. Platforming
can decrease aggregate development cost through decreasing the total number of
elements that must be designed and can decrease operational costs through spreading
fixed costs over a larger base and taking advantage of learning curve effects resulting
from increased production quantities. Having common elements also allows for benefits
in terms of decreased sparing requirements. An example of platforming in the
commercial world would be a single chassis design supporting a number of distinct
automobile models.
Legacy involves reusing existing designs in the development of new systems.
This design reuse could entail some modification of the design as well. Legacy is
frequently considered in the development of new systems in order to decrease the cost
associated with development. Utilizing legacy designs can also have organizational
impacts such as easing the transition from one system to another (as an example, shifting
from the Space Shuttle to the Ares launch vehicles). Legacy can tend to decrease an
ability to insert new technology however, potentially leading to lower operational
efficiency/effectiveness.
Extensibility is effectively the inverse of legacy, in that it entails designing
system elements now such that they can be more easily applied in future systems.
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Whereas in platforming the uses of an element across multiple systems is typically fully
accounted for in the development of the common element, in extensible system design
the intent is to enable the present development to ease development in the future. This is
sometimes attempted without fully characterizing the specific use cases the element in
question will be applied to in the future. The development of extensible system would
likely tend to increase the upfront system development cost, with the intent of lowering
development costs in the future. As such, from an affordability stand point, determining
the degree of extensibility to include as part of a development represents a trade of
decreasing or delaying early benefit in order increase or speed up later benefits.
Developing the CEV for LEO and lunar missions in such a way that it could support
Mars missions (perhaps with modifications, such as to the heatshield) would be an
example of extensibility.
Minimalism, as defined here, involves decreasing the required function of a
system in order to decrease its cost. While the tendency is for decreases in function to
decrease benefit, there is not a one to one relationship between the two. As discussed in
our definition of affordability, benefit is a multi-attribute utility function involving a
variety of inputs that can combine together in a non-linear fashion. There is thus not
necessarily a direct impact on delivered benefit from changes in function, and changes in
various functions can have distinctly different impacts on benefit. As an example, in an
overall exploration campaign there may be certain things that do not occur overly
frequently and/or are not overly important when they do occur from a benefit delivery
stand point. By reducing the system functionality in these areas, it may be possible to
decrease the system cost by a greater proportion than the resulting decrease in benefit. As
discussed previously, the savings resulting from these cost decreases could be reinvested
into the exploration endeavor to increase other aspects of delivered benefit and/or to
speed its delivery. Based upon this observation, as part of our minimalist approach, we
recommend designing a system around its most frequent use case – i.e., the mission or
other operation where its functionality will matter most over time – as opposed to
infrequent use cases where the impact of lower performance will not have an overly
significant impact on the aggregated performance of the exploration endeavor.
Efficiency entails developing a system in such a way that the cost of the system
form (including not only the physical instantiation of the system, but also the ways in
which it is developed, fabricated, operated, and maintained) is decreased for a particular
performance level (function). Traditional isoperformance design optimization falls within
the realm of the efficiency strategy [de Weck, 2006], as do many of the architecture
enumeration and evaluation techniques employed in the MIT space system architecture
group [Simmons, 2005; Wooster, 2005c; Hofstetter, 2006b]. A frequent parameter that
emerges in the consideration of efficiency is risk, either developmental or operational, as
it is often the case that concepts that decrease risk can also decrease the system
efficiency. As such, the degree to which efficiency can be achieved is in part related to
the level of risk acceptance within an organization, which is discussed further within the
programmatic affordability strategies category.
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Two affordability concepts related to efficiency are technology insertion and
technology avoidance. These two strategies compete against each other. Technology
insertion can frequently lead to increases in system cost efficiency during operation and
possibly system development once the technology is available. When developing a new
technology, typically a larger upfront investment is made with the aim of achieving lower
costs in the long run. It may be possible, however, that avoiding particular new
technologies could make exploration more cost effective on the whole. It is frequently
difficult to determine a priori the cost of developing a new technology. One may,
however, be able to estimate the potential benefit of a new technology by assessing the
decrease in operational cost of having the technology available. Once this operational
cost decrease has been determined, it can serve as an upper bound for potential
investments in the technology. In order for the development of the technology to be
worthwhile, the cost to develop it must be less than the cost decrease resulting from its
use. As an example, advanced propulsion technologies are being considered for Mars
missions. The development cost of these technologies is quite high, although they may
offer the potential to decrease Mars mission operational costs. Whether it is better to
make use of such a technology or to avoid its use is thus a question that needs to be
considered in further depth.
Multifunctional systems employ a single instance of an element to perform
multiple functions. The functions must be unique, as opposed to an element performing
the same function multiple times. For example, a pressure vessel storing propellant and
(later) serving as a crew habitat is multi-functional, whereas a pressure vessel serving as
an descent crew compartment and an ascent crew compartment is not. The tendency will
be for multifunctional systems to be more efficient, in the sense that fewer elements are
required in order to meet an aggregated system function. The development of
multifunctional systems can bring higher costs due to higher complexity of the element in
question. By allowing a single element to perform multiple unique functions, the
multifunctional strategy can also increase the operational flexibility of a system,
providing greater benefit in the face of uncertainty by allowing the function performed by
the element to be selected based upon the needs at hand.
A reusable system is able to perform the same function repeatedly across
multiple operations, possibly involving some form of maintenance in between uses.
Many space systems are developed as one off, expendable systems, where a new instance
of the system must be produced each time the function is required. A reusable system
could present longer term cost savings over such an expandable system so long as the
cost associated with its operation and maintenance is lower than the production and
operation of a comparable expendable system. Typically, the inclusion of a capability for
reuse into a system will increase its complexity as compared to an expendable, resulting
in higher development and initial production costs. In order for a reusable system to be
more affordable, then, an ability to deliver decreased costs over the longer term must be
realized. The advantages that a reusable system could offer would depend in part upon
the number of times the system can be reused and the costs associated with refurbishing
the system after each use. The Space Shuttle orbiter is a classic example of reusability in
the space sector.
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Volume production involves the fabrication of many instances of a system in
order to take advantage of learning curves and other economy of scale effects to decrease
the unit cost of a system. Platforming can be supportive of this approach in so far as it
tends to increase the number of instances of a particular system that are required. In
contrast, by decreasing the number of systems produced, reusable systems tend to conflict
with mass production. A particular area of interest within the context of volume
production is whether the utilization of many smaller systems can be beneficial in
comparison to the use of a smaller number of larger systems. The production of the
Iridium communication satellites serves as one space example of volume production,
although this technique is used much more frequently outside of the space arena.
Use of Local Resources in space exploration, typically involves resources
available at a mission destination (i.e., the Moon or Mars), that can be employed to meet
mission needs. The use of local resources does not constitute a particular technology, but
instead is a more general approach to employing a variety of resource extraction and
processing technologies (which are dependent upon the particular feedstock and product
of interest), to decrease the quantity of material which must be transported from Earth.
Local resource usage holds the potential to increase the overall efficiency of exploration
systems, although its effectiveness in doing so depends in large part upon the particular
application. In the context of moving beyond space exploration to space settlement, usage
of in situ resources will almost certainly be required. Using the Martian atmosphere to
produce propellants and life support consumables would be an example of this type of
strategy.
Asset accretion is another exploration approach in which systems are
incrementally deployed and utilized over a series of missions, with the exploration
capability available increasing with each mission. This approach tends to lead itself
towards having an exploration base at which assets are accreted, although it is
conceivable that assets from one mission could be used on subsequent missions even to a
different location (if the assets can be shifted from location to location or are accreted at
an intermediate staging area accessible by all missions). As additional assets are accreted
the functional capability available on each mission will increase. While the accretive
approach relies on some degree of reusability of assets, it is distinct from a solely
reusable system in that in this approach the capability increases over time, whereas
typically in a reusable system the capability remains the same with each use. It is also
distinct from a multifunctional system in that the functionality of any given element
within a given system remains the same over time, with either additional copies of
elements being provided or different elements altogether being accreted in order to
increase the available function. Beyond the technical aspects of asset accretion, this
approach could also have programmatic benefits through changes in the time phasing of
development and production investments, possibly allowing earlier delivery of benefit
(albeit at a reduced level initially).
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2.2.2 Programmatic Affordability Strategies
The potential strategies for increased affordability described in this sub-section
tend to be programmatic in nature. Just as the technical strategies have programmatic
implications, so will the programmatic strategies have technical implications. The
tendency will be for the programmatic strategies to impact how a program is organized
and implemented, as opposed to the technical details of the resulting system. While each
strategy described herein holds the potential to increase affordability as defined in this
report, not every strategy does so through reducing cost – a number of strategies do so
through increasing the resources available to exploration or otherwise rephasing costs to
provide benefit at an earlier stage than would otherwise be possible. The list below
provides categorization of the strategies included in this section, each of which is
discussed in turn. Table 4 provides an overview of the tendency of each of the strategies
to impact the three major cost elements (non-recurring cost, fixed recurring cost, and
variable recurring cost) and benefit.
•

•
•

Resource Expansion
o Increased Government Support
o International Contributions
o Private Contributions
o Shared Demand (private, international, other governmental)
o Technology Spin-ons
Organizational Efficiency
Alternate Procurement Strategies
o Fixed Price Contracting
o Commercial Supply
o Inducement Prizes

Table 4. Programmatic affordability strategies’ tendency on (NASA) cost elements
and benefit.
Increased
Government
Support
International
Contributions
Private
Contributions
Shared
Demand
Technology
Spin-ons
Organizational
Efficiency
Fixed Price
Contracting
Commercial
Supply
Inducement
Prizes

Non-Recur. Cost

Fixed Recur. Cost

Var. Recur. Cost

Benefit

N/A

N/A

N/A

Up

Down

Down

Down

Fixed

Down

Down

Down

Fixed

Fixed/Down

Down

Fixed/Down

Fixed

Down

N/A

N/A

Fixed

Down

Down

Down

Fixed

Higher Certainty

Higher Certainty

Higher Certainty

Fixed/Down

Down

Down

Up

Fixed

Down

N/A

N/A

Up
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Resource expansion is a class of affordability strategies in which the resource
base available for exploration endeavors is increased. This allows greater benefit to be
delivered sooner. A series of affordability strategies that can be considered within the
resource expansion class follow.
Increased Government Support can in some ways be considered the most basic
form of resource expansion in that it involves the government directly providing
additional resources towards exploration. While NASA is prohibited from lobbying
Congress for additional funding [31USC1352], actions NASA can take may lead to a
desire on the part of both Congress and the Administration to increase funding allocated
towards exploration. Examples would include clearly articulating a compelling case for
why exploration endeavors are important and should be undertaken, as well as showing
clear progress towards exploration goals and delivering clear benefit to the agency’s
stakeholders. Lacking such support, NASA could be faced with decreasing governmental
support, which would clearly make exploration relatively less affordable from NASA’s
perspective.
International contributions are a means of increasing the affordability of
exploration by having international partners (i.e., foreign space agencies) provide either
direct funding or, more typically, contributions of system elements, possibly as part of a
barter exchange, towards exploration. While the inclusion of international contributions
can increase the complexity and thus the total cost of an endeavor, it is possible that the
increase in total resources as a result of the contributions can be sufficient to increase the
affordability of the exploration endeavor to NASA. One of the key aspects of this is that
benefits which accrue through exploration tend to be shareable among exploration
partners without diluting the impact to any one entity. As such, each entity is able to reap
close to the full benefit while only making a partial contribution to the total cost. The
International Space Station is a prominent example of international contributions in
human space flight. Scientific missions frequently also feature international contributions
such as specific instruments.
Private contributions are similar to international contributions in that they
involve an increase in the resource base, although in this case they come about from
resources provided by private organizations or individuals, as opposed to foreign
governments. This method has not been used extensively for supporting space
exploration in the past, although a number of ground-based astronomical activities have
been supported through private contributions, typically from large foundations. One
could also describe some activities of space interest organizations (with the Mars
Society’s analog research stations as one example), as private contributions towards
space exploration. It may be worthwhile for NASA to investigate how contributions
along these lines can be leveraged to support the exploration endeavors it is undertaking.
Shared Demand involves having non-NASA users for systems or elements of
systems that NASA uses for space exploration purposes. The additional users could be
private, international, or other U.S. government entities that have a need for capabilities
that a system can provide. By having multiple paying users, additional resources beyond
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NASA’s are flowing into the production and operation of the system. This allows NASA
to carry a smaller portion of the fixed costs associated with the system and to benefit
from other economies of scale in production and operation. NASA’s use of the RS-68
engine for the Ares V is an example where demand is being shared (in this case with the
U.S. Air Force), resulting in a reduction in cost to NASA as compared to having an
engine for NASA’s exclusive use. It may be that the systems developed as part of the
COTS program for ISS servicing could, if successful, also result in shared demand
between NASA and various private entities.
Technology spin-on is the use of technological advances from outside of space
exploration efforts in the development and operation of space exploration systems. Doing
so increases the resource base available to exploration in the sense that the development
of the technologies in question is funded through an external source. The term “spin-on”
is derived from the term “spin-off” which is frequently used for technological advances
coming out of the space exploration and providing additional benefit to society. While it
may be difficult for NASA to rely upon external technological advances over time, there
may be ways in which NASA can approach the development of its systems in such a way
that this is facilitated in the future. As one example, Air Force procurements may tend to
advance technologies that are applicable to NASA. In addition, the current NASA
venture capital effort, Red Planet Capital, which is making investments in companies
with technologies that may benefit NASA, can be seen in some regards as an effort to
encourage the external development of technologies that will eventually benefit NASA’s
activities through “technology spin-ons”.
Moving outside the realm of resource expansion, organizational efficiency can
have a significant impact on the affordability of exploration endeavors. Many efforts
have been undertaken to identify techniques for increasing organizational efficiency – the
MIT Lean Aerospace Initiative being one example from the aerospace field. A key
element of this is making sure that the organization is engaged in the correct activities
and doing such activities well, while eliminating wasteful activities that do not contribute
to the ultimate purpose of the endeavor. In striving towards an efficient organization
within NASA, challenges can arise due to the historical organization of NASA centers
and programs from which a new organization must emerge. This is in contrast to
developing an organization from the ground up, in which the organization can be
developed to meet the needs of the endeavor and aligned with the overall system
architecture under development. Aspects such as having a lead designer for a system can
also tend to increase organizational efficiency in terms of focusing the organization on
the tasks that must be accomplished in order to implement the system under development
and to make appropriate decisions that cut across organizational boundaries.
Risk acceptance is another programmatic aspect that can have an impact on the
affordability of an endeavor. At some level, if one had an estimate as to the probability of
success of various phases of an endeavor, one could assess the risk corrected expected
benefit that would be delivered over time to compare against a variety of scenarios.
While this would provide a theoretical basis for comparing the affordability of
approaches with various risk levels, in reality many organizations are risk averse,
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meaning they would tend towards selecting a lower expected benefit profile that featured
lower risk. By increasing its willingness to accept additional risk, a typically risk averse
organization could increase the expected benefit while lowering the expected cost of its
endeavors.
Alternate procurement strategies potentially can offer additional opportunities
for increasing exploration affordability. In this context, alternate procurement strategies
imply methods other than traditional cost-plus development and production contracts or
NASA in-house developments, in which NASA must pay the full costs (in some cases
plus fees) effectively as they are incurred. One of the complaints regarding such
traditional procurement methodologies is that there tends to be little incentive for
contractors to seek the most cost effective solutions in their activities.
Fixed price contracting is an alternate procurement strategy where the risk
associated with cost uncertainty is effectively transferred from the government to the
contractor. As the contractor will be paid the same amount regardless of cost, they have a
significant incentive to minimize the cost of the resulting system. With the uncertainty in
the development cost of novel systems such as many of those required for space
exploration, the degree to which contractors are willing to accept this cost risk is likely to
be low. As such, such this procurement method is not likely to be appropriate for high
risk, technology development types of activities. In addition, concerns exist in terms of
fixed price contracting that the contractor will seek the minimum cost solution as
opposed to the solution that will provide the greatest value to the government. Other
mechanisms such as cost plus incentive fee contracts may have applicability in these
areas as well.
Commercial supply involves the use of the commercially available products or
services for meeting various needs of space exploration without government involvement
in their development. A commercial supplier has the potential for decreased costs,
primarily due to increased organization efficiency and shared demand as discussed
previously. In addition to this, the use of a commercially supplied item can have further
benefits through the effect it has on NASA’s expenditure profile. In order for NASA to
develop and operate a system, it must pay for the development (including integration and
test) and operational costs associated with the system as they are incurred. In contrast, for
a commercially supplied item, NASA does not directly pay the development costs but
instead, during operations, effectively pays the operating cost, the development cost on
an amortized basis, and the commercial entity’s profit. This will thus tend to shift NASA
expenditures from the development phase of a system to the operating phase. As NASA
appears to have constraints upon its development budget restricting when it can bring
capabilities online, a commercial approach could speed the delivery of initial benefit.
This is a result of a commercial entity’s ability to secure equity and debt financing to
develop a system, something NASA cannot do. In order to be able to secure such
financing, a commercial entity would likely need a reasonable assurance that NASA
would procure the commercial item once it is developed or that other appropriate markets
will exist. Due to the nature of Congressional appropriations, NASA would be unable to
guarantee purchasing such an item without upfront appropriations (obviating the benefits
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of deferring expenditures), however would be able to communicate an intent to procure
such items on a commercial basis should the item exist and Congressional appropriations
materialize. The commercial entity would take on a risk that Congress might not actually
appropriate the funds or that NASA would not actual procure the item, although
depending upon the situation such a risk may be manageable. NASA’s COTS program
for ISS supply is an example where NASA is signaling an intent to procure ISS cargo
(and possibly crew) flights should a commercial system emerge to do so. NASA’s partial
investment in demonstration flights coupled with the high likelihood that the “market” for
ISS resupply will continue to exist (motivating Congress to appropriate funds), likely
makes securing appropriate capital to develop systems to meet this need easier.
Inducement prizes involve the posting of a prize for meeting a particular
objective. NASA’s Centennial Challenges program falls into this category, and the
private Ansari X Prize is another prominent example. It appears that inducement prizes
could be useful to NASA for the development of technologies, perhaps more so than
complete operational systems. Legally a Congressional appropriation is required in order
for NASA to post a prize, however none of the prize funds are expended until there is
actually a winner. As such, the prize can spur innovation across multiple entities pursuing
the prize, with the expenditure only going to the entity that succeeds (if any does). This
contrasts with more traditional technology development activities in which NASA would
need to pay for the technology as it is being developed, and fund all potential technology
paths that it wishes to have pursued, whether or not the development is successful.
Historical evidence also suggests that inducement prizes engender significantly greater
investment on the part of the winner than the actual purse [Davidian, 2006]. When added
to the investments made by those not winning the prize, substantial leverage can be
gained between the amount invested in the prize purse and the actual return in terms of
technologies and systems developed.
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3 Affordability Considerations for Human Lunar
Missions
This chapter analyzes a series of aspects of human lunar missions that can have an
impact on the affordability of those missions. Unless otherwise stated the analysis is
presented based upon the LSAM architecture selected during the ESAS study.
Consideration is presented for both sortie missions and missions to a lunar outpost.
Sorties missions are considered to be short duration missions to locations where no preemplaced surface infrastructure is available. Outpost missions are typically longer in
duration than sortie missions and feature the availability of infrastructure already in-place
at the mission destination. The topics investigated in this chapter are shown in Table 5
along with their associated affordability strategies.
Table 5. Chapter 3 topics and associated affordability strategies.
Topic
Relevant Affordability Strategies
Extended Pre-Descent Loiter
Efficient
Lunar Mission Launch Approach
Minimal
Descent Stage Commonality and Sizing
Platforming, Efficient
Lunar Operational Architecture
Minimal, Efficient
Lunar In-Situ Resource Utilization
Use of Local Resources, Technology
Insertion/Avoidance
For the lunar missions investigated in this chapter, unless otherwise stated, the
assumed Delta-V for each lunar mission maneuver are as presented in Table 6, along with
references for each.
Table 6. Lunar mission maneuver Delta-V’s and references.
Maneuver
Delta-V [m/s]
Reference
Trans-Lunar Injection
3,150
NASA, 2005a
Mid-Course Corrections and
1,110
NASA, 2006a
Lunar Orbit Insertion
Descent and Landing
1,911
NASA, 2006a
Ascent and Rendezvous
1,910
NASA, 2006a
Trans-Earth Injection
1,500
NASA, 2005a
This chapter includes five sections, each covering one of the topics from Table 5.
Section 3.1 and Section 3.2 are likely to be the most relevant to NASA decision makers at
present regarding the design of the lunar exploration system, with Section 3.3 providing
some additional background for such decisions. Section 3.4 will not likely significantly
impact decisions NASA is currently facing. Section 3.5 may have some significance
towards NASA’s lunar precursor program and general direction in terms of ISRU and life
support system technology investments. A brief overview of the content and findings of
each section follows.
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Section 3.1 examines the use of extended pre-descent loiter (EPDL) to decrease
LOI propulsive requirements and thus increase the efficiency of the lunar sortie missions.
We find that EPDL offers significant benefits and we recommend that EPDL be
employed.
Section 3.2 examines the launch strategy for human lunar missions. It finds that
utilizing single launch lunar missions offers significant cost and risk advantages, while
providing decreased but still reasonable performance, when compared to NASA’s 1.5
launch baseline. As such, we recommend that a single launch approach for human lunar
missions.
Section 3.3 examines the feasibility of utilizing a common LSAM descent stage
across lunar landing use cases. It finds that a single LSAM descent stage design could
support single launch crewed lunar missions, 1.5 launch crewed lunar missions, and
single launch dedicated cargo missions with high performance across use cases provided
that the EDS performs a portion of the LOI in certain use cases. This finding informs the
decisions regarding crew mission launch options by presenting an option for increased
flexibility, with single launch crewed missions used in certain cases and 1.5 launch
crewed missions used in other cases. As a result of this analysis, we recommend that the
EDS perform a portion of the LOI in certain lunar mission use cases.
Section 3.4 examines the lunar mission operational architecture, and in particular
evaluates whether any savings could be realized through switching from the ESAS
selected LOR architecture to the direct return architecture recommended in the NASA
CE&R study. It finds that a direct return architecture could be feasible in a 1.5 launch (1
Ares I, 1 Ares V) approach provided that the CEV makes use of hydrogen-oxygen
propulsion for ascent and Earth return or in a 2 launch (2 Ares V) approach if the CEV
makes use of storable hypergolic or methane-oxygen propulsion for ascent and Earth
return. Due to uncertainty regarding the relative costs and benefits of the direct return
architecture to the LOR architecture, and the current state of development under the LOR
baseline, we do not make a recommendation regarding the lunar operational architecture.
Section 3.5 examines lunar in-situ resource utilization as part of lunar activities, in
particular in terms of in-situ consumables production and in-situ propellant production. A
comparison of the benefit that can be derived from either oxygen extracted from lunar
regolith or water extracted from lunar ice deposits is presented, along with a rough order
of magnitude analysis of the system masses required to utilize such resources. We find
that most of the benefit that could be derived from the types of ISRU under investigation
could also be provided through a high closure life support system. We also find that water
ice resources do not offer significant advantages relative to regolith oxygen resources.
Based upon this analysis we recommend investments be made in high closure life support
systems prior to investments in lunar ISRU systems. We also recommend any lunar ISRU
investments made be focused towards regolith based processing due to the ubiquity of
regolith resources as compared to the uncertainty of water ice deposits.
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3.1 Extended Pre-Descent Loiter for Lunar Sortie Missions
In order to provide global lunar access for sortie missions of up to 7 days coupled
with a capability to return to earth at anytime (frequently termed “global access and
anytime return”) with a Lunar Orbit Rendezvous architecture (LOR), the NASA
architecture selected during ESAS employs a technique involving a plane change
maneuver during lunar orbit insertion to appropriately align the orbital plane of the CEV
and LSAM [NASA, 2005a; NASA, 2005b]. A technique involving loitering in lunar orbit
prior to descent (which we term extended pre-descent loiter, or EPDL) can also be used
to appropriately align the lunar orbital plane with decreased Delta-V and was also
considered in ESAS (and selected for use in certain cases).
This section describes options for providing global access with anytime return in a
LOR architecture and discusses the potential to use extended pre-descent loiter to
decrease propulsive requirements for lunar missions relative to the current NASA
baseline. Analyses of the effects of extended pre-descent loiter on mission performance
and operational risk are included. The section concludes by recommending extended predescent loiter be used in lieu of propulsive plane changes during LOI, in order to
substantially increase overall mission performance without overly negatively impacting
risk.
Our analysis indicates that increased use of EPDL can decrease LOI Delta-V
requirements to under 900 m/s for access to the entire lunar surface. This LOI Delta-V
reduction significantly decreases TLI mass for a given mission. Alternatively, for a fixed
TLI capability, mission performance can be increased significantly. This section
describes these matters further and shows the performance enhancements that can be
gained through the use of EPDL. These performance enhancements can be combined
with other options that decrease both cost and performance in order to provide a portfolio
strategy that decreases cost while maintaining performance.

3.1.1 Providing Global Lunar Access with Anytime Return in a Lunar
Orbit Rendezvous Architecture
It is always possible to find a vehicle trajectory that will depart Earth, enter lunar
orbit, and land at any location on the Moon without lunar orbit plane changes. It is
similarly always possible to ascend from any location on the Moon, enter lunar orbit, and
return to Earth, again without the need for orbit plane changes. As such, “global access”
can be provided for any lunar landing missions (either crewed or cargo), and “anytime
return” can be provided by a direct return architecture, without any special
considerations. In contrast, in order to provide global access combined with anytime
return for lunar orbit rendezvous architectures, two additional constraints are placed on
the orbital trajectories. The first constraint is that the orbital vehicle (the CEV in the
ESAS architecture) must be in an orbit that can be reached by the ascent vehicle (the
LSAM ascent stage in the ESAS architecture) prior to rendezvous. This first constraint
implies that either the orbital vehicle’s ground-track must pass over (or relatively nearby) the surface location or that a plane change must be performed by the orbital vehicle,
the ascent vehicle, or both. The second constraint is that the vehicle returning to the Earth
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(the CEV in the ESAS architecture), must either perform a plane change or already be in
an orbit that allows Earth return. For this second constraint, it is worth noting that not all
lunar orbital planes allow Earth return without a change of plane, even though there is
always at least one orbital plane that allows direct return to Earth passing over every
location on the lunar surface.
While it is possible to enter a lunar orbit that both passes over the landing site and
allows return to Earth immediately upon arrival at the Moon (meeting the two constraints
described above), the rotation and revolution of the Moon over the course of a mission
add a challenge for LOR architectures. The rotation of the Moon about its own axis
causes non-equatorial and non-polar landing sites to move out from under the orbital
vehicle’s path (polar and equatorial orbits will continue to pass over polar and equatorial
landing sites respectively). Similarly, the revolution of the Moon about the Earth causes
the Earth-Moon line to shift, meaning that an orbit that once enabled an Earth return
without plane change may no longer have this attribute.
A Note on Plane Changes
A number of approaches exist to allow global access with any time return for
LOR architectures. These approaches include a series of one or more orbital plane
changes to appropriately align orbits for lunar arrival, lunar orbit rendezvous, and Earth
return. Three major types of plane changes are highlighted here in order to inform the
discussion of global access with anytime return approaches that follows:
1)

A single impulse plane change from circular low-lunar orbit to circular lowlunar orbit. This is sometimes termed a “simple” plane change.

2)

A three impulse plane change from circular low-lunar orbit to circular lowlunar orbit. The first impulse in this maneuver raises the apocenter of the orbit.
The second impulse occurs at the apocenter and involves a plane change
without changing the eccentricity of the orbit. The third impulse occurs at the
periapsis and drops the apoapsis to recircularize the orbit. The Delta-V
associated with raising and lowering the apocenter (the first and third burn) of
the orbit can be offset by the decreased Delta-V for the plane change itself (the
second burn) due to the decreased velocity at the apocenter of an elliptic orbit.

3)

A plane change as part of a three impulse Lunar Orbit Insertion (LOI) or
Trans-Earth Injection (TEI) maneuver. In this case the first impulse of the
TEI or LOI maneuver places the vehicle in a highly elliptic orbit (from a translunar trajectory in the case of LOI or from a circular low-lunar orbit in the case
of TEI). The second impulse performs the plane change at apocenter (similar to
the three impulse plane change described above). The third impulse completes
the TEI or LOI maneuver at the pericenter of the orbit (resulting in a circular
low-lunar orbit in the case of an LOI or a trans-Earth trajectory in the case of
TEI). In this type of maneuver, only the Delta-V associated with the second
burn counts towards the propulsive requirements of the plane change, as the
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Delta-V of first and third burns are required for the nominal maneuver (i.e.,
LOI or TEI) in any case. As such, a vehicle performing this type of maneuver
gets the benefit of the decreased apocenter velocity of a three impulse plane
change without requiring additional propulsive capability to raise and then
lower the apocenter.
Lunar Plane Change Delta-V vs. Angle
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Figure 2. Comparison of Delta-V versus plane change angle for a single impulse
plane change, a 3-impulse plane change (both to and from circular low-lunar orbit,
LLO), and a plane change as part of 3-impulse TEI or LOI maneuver.
Figure 2 shows the Delta-V versus plane change angle for the types of plane
changes just described. The single impulse plane change (red) is conducted in a 100 km
altitude circular low-lunar orbit. The three impulse plane change (green) commences in
and finishes in a 100 km circular low-lunar orbit; the apoapsis altitude is selected so as to
minimize the total Delta-V within a maximum orbital period constraint of 24 hours. The
plane change as part of a TEI or LOI maneuver (yellow) either ends in (for LOI) or starts
in (for TEI) a 100 km circular low-lunar orbit; the highly elliptic orbital period is set at 24
hours.
It can be seen in Figure 2 that a plane change as part of a three impulse LOI or
TEI maneuver offers the lowest Delta-V across plane change angles. In some cases, such
as a pre-rendezvous plane change, the starting and ending orbits are desired to be circular,
resulting in the need to select one of the first two types of plane changes. For plane
changes of less than approximately 45 degrees, the Delta-V of the single impulse and
three impulse plane changes are effectively the same. Above 45 degrees, the three
impulse plane change offers a lower Delta-V with a relatively small sensitivity to
increases in plane change angle, as compared to a single impulse plane change. It is likely
that for plane changes to and from a circular orbit a single impulse plane change would
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be used for smaller angles due to its operational simplicity, and a three impulse plane
change used for larger angles (greater than 45 degrees) due to its lower propulsive
requirements.
Global Access with Anytime Return Approaches for LOR Missions
We now present three approaches that can be used to enable global access with
anytime return for LOR missions. It should be noted that this is not a comprehensive
listing and other approaches could be used. The best approach in any give case will be
dependent upon a variety of factors including the specific masses of mission elements
and overall mission objectives.
The approaches are summarized in Table 7. Approach 1 was described in the
NASA Broad Trade Study Report [Mazanek, 2004] and was utilized in the Draper-MIT
CE&R study [Draper, 2005; Wooster, 2005a]. The second and third approaches were
described in the NASA ESAS Report [NASA, 2005a]. Approach 2 was selected as the
NASA baseline for accessing the ESAS top ten sites [NASA, 2005a; NASA, 2005b;
NASA, 2006a]. A series of tables are provided below with additional information on the
approaches. The tables are followed by more in-depth descriptions for each approach.
Table 7. Descriptions of approaches to obtain global access with anytime return for
LOR missions.
Approach
Description
1
Original arrival orbit passes over landing site; no constraints placed on
surface mission duration. Three-impulse pre-rendezvous plane change
performed by orbital element to enter orbit plane passing over landing
site and enabling return to Earth without further plane changes. No plane
changes as part of LOI or TEI.
2
Orbital element placed in target orbit that minimizes required prerendezvous plane change over course of 7 day surface mission. Three
impulse plane change performed as part of TEI to return to Earth. Target
orbit obtained through three impulse LOI plane change (no EPDL).
3
Orbital element placed in target orbit that minimizes required prerendezvous plane change over course of 7 day surface mission. Three
impulse plane change performed as part of TEI to return to Earth. Target
orbit obtained through EPDL (no LOI plane change).
Table 8 shows the maximum Delta-V associated with each plane change in each
approach for access to the most challenging lunar site (for the approach). Any surface
duration constraints associated are shown for each approach. Three types of plane
changes (PC) are considered: plane changes of the LSAM and CEV as part of the LOI
maneuver in order to properly align the resulting lunar orbit for the mission; prerendezvous plane changes of the CEV to bring it over the landing site and enable
rendezvous; and plane changes by the CEV as part of TEI maneuver in order to align it
for Earth return. These approaches do not contain any pre-descent or post-ascent (prerendezvous) plane changes of the LSAM alone, although such plane changes could be
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options in other approaches. (Note: The LOI plane change angle for Approach 2 is based
upon our estimate derived from the total LOI Delta-V described in the ESAS report.)

Table 8. Maximum plane changes required as part of global access with anytime
return approaches for worst-case lunar landing site.
Approach
LOI PC
Pre-Rendezvous PC TEI PC
Surface
(LSAM & CEV)
(CEV)
(CEV)
Duration
1
0°
90°
0°
Unlimited
2
~45°
Minimize (~5°)
90°
7 days max
3
0°
Minimize (~5°)
90°
7 days max
Table 9 provides an overview of the approximate Delta-V’s associated with the
plane changes in each approach. Plane changes associated with either LOI or TEI are
assumed to be conducted as part of a three impulse LOI or TEI maneuver respectively.
The pre-rendezvous plane change Delta-V is based upon starting and ending in a 100 km
circular low-lunar orbit. (See Figure 2 for relationship between plane change angle and
Delta-V for these types of maneuvers.) One cannot draw direct conclusions by comparing
the Delta-V’s across approaches as the vehicle masses involved in each maneuver depend
upon the approach and the overall system design. A comparison of the impact on total
system mass between Approach 2 and Approach 3 is included in sub-section 3.1.3 for an
ESAS-style architecture.
Table 9. Approximate Delta-V’s for maneuvers of global access with anytime return
approaches for worst-case lunar landing site.
Approach
LOI PC
Pre-Rendezvous PC TEI PC
Surface
(LSAM & CEV)
(CEV)
(CEV)
Duration
1
0 m/s
1,500 m/s
0 m/s
Unlimited
2
475 m/s
150 m/s
1,000 m/s 7 days max
3
0 m/s
150 m/s
1,000 m/s 7 days max
Approach 1
The first approach has the CEV and LSAM arrive in a lunar orbit that passes over
the landing site without need for plane changes as part of LOI (at minimum one such
orbital plane exists for every landing site), allowing the LSAM to land without any
special consideration. At any point during the mission, an orbital plane will exist into
which the LSAM could ascend (i.e., that passes over the landing site) and from which a
return to Earth would be possible. When a return to Earth is desired (whether at the end
of the nominal mission or as part of an abort), the CEV would perform an autonomous
plane change to shift into this orbital plane which passes over the landing site and allows
return to Earth. Once the CEV has changed planes, the LSAM and CEV can rendezvous
and the CEV can return to Earth without further plane changes. As the maximum angle
between two planes is 90 degrees, a plane change capability of 90 degrees is sufficient to
enable the CEV to make the required change of planes independent of surface duration.
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Approach 2
The second approach limits the mission duration for global access and anytime
return missions to 7 days or less. In this approach, an orbital plane is found that passes
over the landing site at the initiation of the surface mission and which minimizes the
required plane change in order to perform an ascent and rendezvous at any point over the
course of the mission (see Figure 3). As the Moon rotates, the orbital ground track will
stay close to, although not always directly over, the landing site. In order to enable a
rendezvous, the CEV can perform a small pre-rendezvous plane change to pass over the
landing site. The resulting rendezvous orbit is not necessarily aligned for Earth return,
requiring the CEV to perform a plane change as part of a three impulse TEI maneuver.
As the initial orbital inclination of the CEV is not selected based upon arrival
considerations, the orbital plane of the CEV may need to be shifted upon arrival at the
Moon in order enter the target orbit. Approach 2 employs a propulsive plane change as
part of a three impulse LOI maneuver for this purpose.

Plane Change During LOI
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Target orbit inclination is selected to minimize the maximum
pre-rendezvous plane change required over course of the
surface mission
A propulsive plane change as part of a 3-impulse LOI maneuver
is used to shift from the arrival orbit into the target orbit

Figure 3. Depiction of LOR Global Access/Anytime Return Approach 2. Target
orbit (blue curve) inclination selected in Approach 2 minimizes required prerendezvous plane change (red arrow) as lunar rotation causes landing site (green
arrow) to shift under orbital plane. Mission duration is limited to 7 days (quarter
lunar rotation period) to limit pre-rendezvous plane change requirements. It may
not be possible to arrive in a plane with the target orbit inclination that passes over
the landing site at arrival. As such, a propulsive plane change (purple arrow) is
conducted from the arrival orbit (purple curve) to the target orbit. Green ‘x’
indicates landing site upon arrival (and descent).
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Approach 3
Approach 3 is very similar to Approach 2, differing only in regards to how the
arrival orbit is shifted to pass over the landing site. Approach 2 had a propulsive plane
change as part of LOI to shift from the arrival orbit into the target orbit passing over the
landing site. Approach 3 instead has the crew arrive in lunar orbit and loiter until the
landing site passes under the orbit (see Figure 4). Once the this time has elapsed, the
arrival orbital will correspond with the target orbit from the discussion of Approach 2,
even though no propulsive plane change was employed during LOI. We term this
approach Extended Pre-Descent Loiter (EPDL) and discuss its implications in the
remainder of this section.
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Target orbit inclination is selected to minimize the maximum
pre-rendezvous plane change required over course of the
surface mission
Pre-descent loiter can be used to align the target orbit with the
landing site after arrival, as an alternative to a propulsive
plane change maneuver
• Arrival orbit is the target orbit
• Landing site shifts under the target orbit during pre-descent loiter

Figure 4. Depiction of LOR Global Access/Anytime Return Approach 3. Target
orbit (blue curve) inclination selected as in Approach 2 to minimize required prerendezvous plane change (red arrow) as lunar rotation causes landing site (green
arrow) to shift under orbital plane during surface mission. Green ‘x’ indicates
landing site at descent, Purple ‘x’ indicates landing site at lunar orbit arrival.
Landing site is allowed to shift (due to rotation of the Moon; denoted by purple
arrow) under the target orbit, which is also the arrival orbit.

3.1.2 Impact of Extended Pre-Descent Loiter Upon Total LOI Delta-V
Requirements
While Approach 2 (Full Propulsive Plane Change with LOI, No EPDL) and
Approach 3 (No Propulsive LOI Plane Change, Full EPDL) were presented as distinct
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cases, in reality a hybrid approach is possible trading EPDL time versus total LOI DeltaV. The total LOI Delta-V (including a plane change) also varies with lunar landing site
location in addition to EPDL time. ESAS examined this trade and prepared charts
outlining the total LOI Delta-V necessary to reach sites across the lunar surface relative
to maximum lunar orbit loiter times. Example ESAS EPDL vs. LOI Delta-V charts are
shown in Figure 5. If no extended pre-descent loiter is used, quite high LOI Delta-V’s are
required in order to access some sites with an LOR architecture. As the maximum
extended pre-descent loiter time is increased, the Delta-V can be decreases substantially
and becomes essentially uniform across the lunar surface.

Figure 5. Contours of LOI Delta-V across the lunar surface for a variety of
maximum EPDL times, excerpted from ESAS report. Top is for no EPDL, bottom
is for up to 6 days of EPDL.
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Figure 6 shows ESAS data [NASA, 2005b] regarding maximum LOI Delta-V (for
the most challenging lunar site) versus maximum loiter time. (Note: Loiter time required
for most lunar landing locations would be lower for any particular Delta-V.) The
maximum LOI decreases approximately linearly from just over 1,300 m/s with no
extended pre-descent loiter to approximately 900 m/s with up to 6 days of extended predescent loiter, and subsequently levels off. Extended pre-descent loiter beyond 6.5 days
does not appear to offer any significant additional benefit. Using EPDL to perform the
entire nodal alignment change (to have the target orbit pass over the landing site),
eliminates the one-day highly elliptic orbit employed in ESAS as part of the LOI plane
change, meaning that one-day of the extended pre-descent loiter effectively comes “for
free” in terms of total mission duration.
Maximum LOI Delta-V vs. Maximum EPDL Time
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Figure 6. Maximum LOI Delta-V versus Maximum EPDL Time as extracted from
charts in ESAS Appendix 4B [NASA, 2005b].
In the final ESAS LSAM design, and in the Delta-V’s in NASA’s lunar lander
RFI, an LOI Delta-V of approximately 1,100 m/s was employed [NASA, 2005a; NASA,
2006a]. This Delta-V was sufficient to access to any of the top ten ESAS landing sites
without EPDL or enable complete global access with up to 3 days of EPDL. The ESAS
report did not address the effects on mission performance of selecting a particular degree
of EPDL. An increase in risk due to increased mission duration was posited as a reason to
limit the amount of EPDL employed. We address both the performance and risk
implications of extended pre-descent loiter in the following two sections.
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3.1.3 Effect of Extended Pre-Descent Loiter on Mission Performance
We examined the potential mission performance impact of employing varying
levels of extended pre-descent loiter. The use of EPDL has two primary impacts on the
system: firstly, as discussed above, extended pre-descent loiter decreases the required
Delta-V, thus decreasing the system’s propulsive requirements; secondly, through
increasing the time spent in lunar orbit, extended pre-descent loiter requires that lunar
orbit lifetime be increased and that additional consumables be provided to support the
crew. These two effects will have opposing impacts on the total mass of the system for a
fixed surface mission; alternatively, if the total mass of the system is fixed, the effects
can be translated into an impact on the surface mission performance in terms of surface
time and cargo. Given that the launch vehicles under development by NASA have a fixed
performance, we assess the impact of EPDL on surface mission performance for a given
total system mass. In this assessment we held the surface duration constant and examined
the impact on surface cargo delivered along with the crew, although in practice one could
also trade surface cargo for surface time. The crew compartment and propulsion models
developed as part of the MIT LSAM architecture study were utilized to assess the impact
of these changes upon surface mission performance. The surface mission was fixed at 7
days duration with 4 crew. To account for the increased total mission duration with
EPDL, 100 kg/day of consumables was added, which was taken through the LOI
maneuver (but not delivered to the surface); this amount is consistent with the
consumables needs of the crew given that power is provided through the use of the
CEV’s solar arrays. The total TLI mass was held constant at 65 mt, consistent with a 1.5
launch solution.
The resulting surface cargo as a function of EPDL time is shown in Figure 7. For
the first 6 or so days of EPDL, the propulsive impact of decreased LOI Delta-V
dominates the impact of the increased consumables and allows for significant increases in
surface cargo delivery. As loiter time increases to 7 days and beyond, the LOI Delta-V no
longer decreases significantly (as discussed in the above sub-section), and the increase in
consumables has a modest negative impact on surface cargo. It is interesting to note that
using 6.5 days of loiter time, one can achieve over a 5 fold increase in surface cargo
delivery capacity on sortie missions to the most challenging sites, as compared to
accessing those sites without EPDL. Compared to the 3 days of loiter employed for
global access in ESAS, increasing to 6.5 days allows for over a 75% increase in surface
cargo delivery. As such, there appears to be a large benefit from EPDL, as compared to
employing a propulsive plane change or a combination of the two, when accessing more
challenging sites. This increase in cargo will lead to a significant increase in benefit that
can be derived in sorties to these more challenging sites. It is worth noting that some
additional benefit could also be derived from the orbital loiter period in terms of lunar
observations from orbit, as was conducted in the Apollo program. The increased benefit
offered by EPDL open up the possibility of pursuing options that decrease both cost and
benefit elsewhere in the program, providing a means for EPDL to increase affordability
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Surface Cargo for 4 Crew, 7 Day, 1.5 Launch Mission to Most
Challenging Site vs. Extended Pre-Descent Loiter Time
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Figure 7. Useful surface cargo capability versus extended pre-descent loiter time for
7 day, 4 crew, 1.5 launch sortie mission to most challenging lunar site.

3.1.4 Effect of Extended Pre-Descent Loiter on Operational Risk
Risk was the primary justification offered in the ESAS report for not increasing
the extended pre-descent loiter time further (beyond 3 days). The increase in risk cited by
ESAS was due to the increased system operating duration in a sortie employing extended
pre-descent loiter as compared to one without or with a lower degree of extended predescent loiter [NASA, 2005a; NASA, 2005b]. We will examine the risk impact of EPDL
in the context of both an individual sortie and the overall lunar campaign.
Extended Pre-Descent Loiter Risk on Global Access Sorties
Assuming a surface stay of 7 days, a sortie based upon the ESAS approach
without EPDL would have a timeline as follows, starting with the launch of the CEV:
• 2 days for crew launch, Earth orbit rendezvous, docking, and checkout
• 4 days for trans-lunar coast
• 1 day for lunar orbit insertion including a 3-impulse LOI maneuver using a
highly elliptic orbit
• 1 day for lunar orbit check-out prior to descent
• 7 days on the lunar surface
• 1 day for ascent, rendezvous, and trans-Earth injection, including a 3-impulse
TEI maneuver using a highly elliptic orbit
• 4 days for trans-Earth coast
The result is a total mission duration of approximately 20 days for global access
missions without EPDL. In contrast, a mission employing an EPDL time of 6.5 days (to
maximize performance), would have a duration of approximately 25.5 days, through
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increasing the time in lunar orbit plus eliminating the 1 day period 3-impulse LOI
maneuver (this would be replaced by a relatively rapid single impulse LOI maneuver).
While operating the spacecraft systems for approximately 25% longer would lead to a
slightly increased risk of failure, the total impact of increased EPDL on the risk of a
sortie is quite small for a variety of reasons.
Firstly, the increase in mission duration does not add any mission critical events
such as high energy maneuvers or rendezvous and docking operations to the mission, but
instead entails the operation of the system in a reasonably continuous fashion. The risk
associated with mission critical events is typically significantly higher than that entailed
in the continuous operation of a system. In particular, the risk of operating for an
additional 5.5 days needs to be compared against the risks associated with the Ares V
launch, the Ares I launch, Earth orbit rendezvous and docking, trans-lunar injection, lunar
orbit insertion, descent to and landing on the surface, surface EVA operations, ascent to
orbit, lunar orbit rendezvous and docking, and trans-Earth injection which must be
performed in any 1.5 launch lunar sortie. The likelihood of a failure occurring during the
additional time spent in lunar orbit thus appears quite small when compared to the
likelihood of a failure occurring elsewhere in a lunar sortie mission.
Secondly, in considering the likelihood of a failure occurring during the relatively
continuous operation of the system, it is worth considering that most system failures tend
to occur either very early in system operation, due to transient effects and errors in the
design or fabrication, or very late in system operation, as components wear-out and
systems deteriorate (this effect is sometimes referred to as a “bathtub curve” in systems
engineering). Given that systems in question will be designed for use in outpost missions
(and ISS missions in the case of the CEV) which require multiple months of operation,
and that the overall duration and number of cycles associated with lunar sortie missions
are relatively small, it appears unlikely that the components involved will be operated for
durations where wear-out is much of a concern. The primary concern then will be failures
associated with system start-up. As such, the risk increase due to the 21st-25th days of a
mission will be lower than that encountered in the first five days of system operation.
Thirdly, in the event of a failure, the crew will have the advantage of being in the
safest lunar-vicinity configuration of the mission. The crew will have the capability in the
CEV to perform a trans-Earth injection at anytime through out the on-orbit loiter, which
could be used to mitigate failures in spacecraft systems or factors impacting crew health
(such as a solar particle event). Thus the “anytime return” capability is maintained. In
addition to having an anytime return capability, the crew will also have available to them
two crew compartments (CEV and LSAM) and three propulsion stages with significant
propulsive capability (Service Module, Ascent Stage, and Descent Stage), allowing them
to mitigate certain system failures in a similar fashion to that employed in Apollo 13.
Together these factors tend to reduce the added risk to the crew of extended pre-descent
loiter.
Finally, extended pre-descent loiter can lead to the elimination of the need for a
three-impulse LOI maneuver, replacing it with a single-impulse LOI maneuver.
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Decreasing the number of high energy, mission critical events will decrease this element
of risk in a mission with EPDL, as compared to a mission without EPDL. As mission
critical events such as these propulsive maneuvers tend to carry greater risk than the
continuous operation of a system for additional duration, it is possible that EPDL could
even lower the total risk associated with global access sorties.
Overall, a side by side comparison of sorties with and without EPDL does not
show a significant increase in risk for EPDL. While not as applicable for a direct risk
comparison, it is also worth considering the significantly increased performance of global
access missions with EPDL, and ways in which this performance could be used to
mitigate risk further. As one example, additional equipment could be delivered along
with the crew (such as spares), to mitigate risk associated with various surface operations.
In addition, by increasing the mission performance in a successful mission, the total risk
of mission failure can by some measures be decreased as the “expected performance”
(i.e., the probability of mission success multiplied by mission performance) will be
increased. Also, the increased performance could be considered margin in the system,
potentially decreasing development risk. As discussed in the Section 3.2, EPDL also
opens up the potential for single launch lunar missions, which (as compared to 1.5 launch
missions) have significantly decreased risk.
Extended Pre-Descent Loiter Risk in Overall Campaign
Our analysis of sorties with EPDL did not show a significant increase in risk
relative to sorties without EPDL. Any increase in risk that does occur due to EPDL on
selected sorties will be insignificant when viewed in the context of the overall lunar
campaign. If EPDL is used, it will only be required on sorties to a select set of sites, with
the degree of EPDL dependent upon the site. EPDL will not be required for outpost
utilization missions, as appropriate lunar orbits for polar and equatorial outpost sites can
be entered without a plane change.
Table 10. Table of top ten science sites from ESAS report [NASA, 2005a].

Examining Table 10 above, excerpted from the ESAS report, only three of the top
ten landing sites identified in ESAS require greater than 900 m/s LOI Delta-V without
EPDL. These three sites would require varying levels of EPDL (up to 3.5 days in the
worst case), in order reduce the Delta-V requirement to below 900 m/s. As such, only a
small fraction of sorties to the ESAS top ten sites would have any increase in risk due to
EPDL. In order to provide access to the most challenging site as part of global access
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extended pre-descent loiter of 6.5 days may be necessary in order to maximize the
performance. The frequency of sorties to such challenging sites in a lunar campaign is
likely to be quite low, if any occur at all. As such, the contribution of risk from EPDL in
the sortie portion of a lunar campaign appears to be low.
Once lunar outpost operations are considered, the risk contribution from EPDL on
a small fraction of sorties quickly becomes insignificant. Not only do outpost missions
entail all of the risk associated of sortie missions, they also have significantly greater
surface durations, effectively causing an order of magnitude increase in mission duration
per crewed mission. Even assuming that a relatively large number (~5) of sorties are
employed to locations where EPDL is beneficial, the cumulative time spent loitering in
lunar orbit (~35 days) will still be significantly less than the duration of a single outpost
utilization mission (baselined as 180 days in ESAS). As such, it appears quite likely that
any impact of EPDL on the risk to a lunar campaign (which is considered to come from
the increase in mission duration for EPDL sorties) will be miniscule, while providing for
increased performance when employed.

3.1.5 Extended Pre-Descent Loiter Summary
Our analysis indicates that utilizing extended pre-descent loiter to obviate the
need for significant plane changes as part of lunar orbit insertion can lead to large
performance improvements in terms of cargo delivered along with the crew and/or
crewed surface duration. Extended pre-descent loiter would only be utilized in a small
number of lunar sorties missions and would not be used for outpost missions, as many
lunar landing locations, including candidate outpost sites, do not require significant plane
changes as part of lunar orbit insertion. It is unclear if utilizing extended pre-descent
loiter leads to any appreciable increase in risk for sorties in which it is employed. Even if
there is an increase in risk on those sorties that employ extended pre-descent loiter, this
risk is insignificant when viewed across the entire lunar campaign due to the small
fraction of sorties which would employ it and the significantly increased mission
durations associated with lunar outpost utilization missions.
Based on this analysis we recommend that extended pre-descent loiter be
employed in place of propulsive plane changes during lunar orbit insertion. The increased
performance made available through EPDL can open up cost reduction options such as
single launch crewed missions, which are discussed in the following section.
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3.2 Human Lunar Mission Launch Strategy
This section examines potential launch strategies for human lunar missions with
an emphasis towards cost implications. Launch costs tend to make up a significant
portion of the costs of space missions, with human lunar missions being no exception. As
such, an exploration of methods of reducing the launch costs for human lunar missions is
warranted. NASA’s Exploration System Architecture Study (ESAS) selected a “1.5
launch” approach for human lunar missions. In this approach, two launches are used, one
a heavy lift launch vehicle, the Ares V, to deliver the LSAM and EDS to Earth orbit, and
the other a significantly smaller vehicle, the Ares I, to deliver the CEV including crew to
Earth orbit. This 1.5 launch approach is the current NASA baseline. ESAS also identified
an alternative, single launch option, in which one Ares V (without an Ares I) launches the
CEV, LSAM, and EDS. Such an approach would be similar to the method employed in
the Apollo program, in which only one launch was required for each lunar mission
[NASA, 1975].
This section compares the single launch approach to the 1.5 launch approach
across the three major phases of a human lunar campaign – sorties, outpost deployment,
and outpost utilization. We then discuss other programmatic considerations in selecting a
single launch approach.
Throughout this section we assume the following unless otherwise noted:
• ESAS-style 2-stage lander with a hydrogen-oxygen (Isp = 449 s) descent stage
that performs LOI and descent and a hypergolic (N2O4-MMH, Isp = 316 s) ascent
stage.
• CEV mass of 20 mt including crew
• Single launch TLI capability of 55 mt
• 1.5 launch TLI capability of 65 mt
• Boil-off due to on-orbit loiter neglected
• Delta-V’s outlined in the introduction to this chapter
• 4 crew on all crewed missions
We find that for LOR missions, a single launch lunar mission approach (no EOR)
decreases both the cost and risk of lunar sortie missions with a decreased but still
reasonable mission capability, has equivalent performance for dedicated cargo flights for
outpost deployment, and decreases significantly the risk of outpost utilization, when
compared to a 1.5 launch approach to crewed lunar missions. This analysis indicates that
if NASA were to select a single launch lunar mission approach, it would increase lunar
exploration affordability and free up resources for other activities during the lunar
campaign. Selecting a single launch approach could also ease the development of the
Ares I as it could lead to the removal of the requirement to launch the CEV with full
lunar trans-Earth injection propellant load.
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3.2.1 Sortie Missions
We find that employing a single launch approach in an LOR architecture for lunar
sorties decreases both cost and mission risk. It decreases performance (in terms of surface
duration and/or cargo), but still provides a system with significant exploration capability.
Each of these areas is considered in turn.
Sortie Cost
Single launch lunar sorties would eliminate the need for an Ares I launch on each
mission, decreasing the total number of launches required. This would save the funds
required to manufacture and/or refurbish, process, and launch the Ares I and its
components.
Beyond the marginal cost of the Ares I, having a single launch approach could
also save on fixed operating costs by decreasing the need for parallel processing of
launch vehicles (Ares I and Ares V) to support sortie missions. While the specific method
of processing the launch vehicles has not been published, it may be necessary to have two
teams (one processing the Ares I, one processing the Ares V), in order to have both
vehicles ready for launch in quick succession. Moving to a single launch approach could
thus reduce the required levels of processing personnel to support human lunar missions.
In addition, removing the need for on-orbit loiter of EDS and LSAM in Earth
orbit will both reduce cost associated with operating those elements and, more
significantly, decrease the lifetime and boil-off mitigation requirements for the EDS and
LSAM, which can result in savings in both their development and production.
Combining these aspects together, we find that moving to single launch for
crewed sortie mission can significantly increase the affordability of sorties. The resources
opened up through selecting a single launch approach could be reallocated to a variety of
activities, with the acceleration of the development of the remaining exploration systems
of significant value towards the exploration endeavor.
Sortie Risk
Single launch reduces mission risk due to the elimination of a number of mission
critical events. These include all events related to the launch of the Ares I and Earth orbit
rendezvous of the CEV and the remaining lunar mission stack (LSAM and EDS).
Beyond the simple probability of failure of either the launch or rendezvous,
however, one must also consider the possibility of not being able to launch on schedule.
Whereas in a single launch mission inability to launch on schedule would delay but not
compromise a sortie, in a 1.5 launch scenario a delay in the launch of the second vehicle
could result in loss of the entire sortie mission due to on-orbit lifetime and boil-off
considerations. The challenge in launching on schedule is compounded by the need to
synchronize multiple Earth launch and trans-lunar injection windows.
From a crew safety perspective, one must consider both the relative risk of
launching the crew on the Ares I versus the Ares V and any impact of schedule pressure
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upon crew safety. While the Ares V is a more complex vehicle than the Ares I, likely
resulting in a higher probability of launch failure, both the Ares I and Ares V would have
launch escape systems when launching the crew, meaning that the actual probability of
loss of crew on either would be quite low. In the 1.5 launch case, however (with the crew
launching on the Ares I), after the first launch there is a risk of loss of significant
investment (in terms of the first launch vehicle and payload) which could lead to an
increased pressure to launch the crew on schedule. Such schedule pressure could
potentially lead to a decrease in crew safety in the 1.5 launch case relative to the single
launch case.
Based on the above, we see that single launch offers significant benefits by
decreasing mission risk. Crew safety would likely not be significantly affected by
selecting a single launch approach, and could in fact be improved.
Sortie Performance
By eliminating the LEO payload contribution of the Ares I, single launch lunar
missions will have a decreased TLI mass. As such, single launch sortie missions will not
provide as great a capability in terms of surface mission duration and surface cargo as 1.5
launch sorties. Using our models and assumptions the capability decrease due to using
single launch is equivalent to approximately a 4 mt to 4.5 mt decrease in total surface
payload, which could be traded to result in a decrease in surface duration and/or useable
cargo.
The MIT LSAM architecture study identified two means of increasing crewed
mission performance (for a given LSAM architectural concept) which together allow for
a robust global access sortie to be performed in a single launch. The first involves
employing extended pre-descent loiter (EPDL) as discussed in Section 3.1. This can
decrease the LOI Delta-V requirement from ~1,100 m/s to ~900 m/s when accessing
more challenging sites. The second involves performing staggered lunar surface EVA
operations in 2 teams of 2 crew each so that a smaller two person (rather than four
person) airlock can be employed. The capabilities of representative missions with and
without these means of increasing performance are presented in Table 6, using our
models for a point designed-system in each case. A series of mission scenarios are
included as described above to a variety of landing sites. All missions include 4 crew to
the lunar surface.
Table 11. Useful surface cargo capability for crewed missions to equatorial, polar,
and global (worst-case) sites under series of scenarios.
Cargo delivery capability along with crew [kg]
No EPDL No EDPL
Landing
site

EPDL

Mission 4-person 4-person 4-person 2-person
duration airlock
airlock
airlock
airlock
1.5-launch 1-launch

Equatorial
Polar
Global

EPDL

7 days
5 days
3 days

5065
4839
3232

1354
421
-872
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1-launch

1-launch

1354
421
221

1722
788
589

Surface stay [days with 4 crew]

Figure 8 outlines the trade between surface duration and surface cargo that can be
performed based upon the EPDL, 2-person airlock, single launch case from Table 11. The
equivalent performance of the near-equatorial Apollo 17 mission (the maximum
capability achieved during the Apollo program) is shown for reference [NASA, 1975],
with the surface stay divided by two to reflect 2 crew in the Apollo case relative to the
four crew shown in these remaining cases.
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Figure 8. Trade between surface cargo and surface mission duration for equatorial,
polar, and global (worst-case) landing sites for single launch sortie missions using
EPDL (for global access) and a two-person airlock.
In observing these results, it can be seen that using single launch, EPDL, and a 2crew airlock, 7 day missions with approximately 1,750 kg cargo can be conducted at
near-equatorial landing sites, 5 day missions with 750 kg cargo can be conducted at the
lunar poles, and 3 day missions with close to 600 kg cargo can be accommodated at the
most challenging locations on the Moon (global access), with 4 crew in each case. The
near-equatorial performance of a single launch sortie described above is quite significant,
and is of the same order as the nominal 1.5 launch sortie mission performance from
ESAS. The global access mission performance, which would be representative of the
capability for the most challenging sites on the Moon, would also be quite reasonable,
offering over twice the crew-days on the surface as the Apollo 17 mission and opening
the entire lunar surface to exploration with a single launch of the Ares V. It is worth
noting that only 1 out of the top 10 science sites identified in ESAS would fall into this
“global access” category, with 7 being near equatorial and 2 at polar locations.
While sortie performance will be decreased by utilizing a single launch approach,
our analysis indicates that a quite reasonable capability can be maintained. This
capability should be sufficient for the needs of the early lunar exploration program in the
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limited number of sorties to be carried out prior to the deployment of an outpost for
longer-duration missions.

3.2.2 Outpost Deployment
In analyzing the impact of a single launch approach to crewed lunar missions on
outpost deployment, two separate outpost deployment scenarios must be considered. The
first is to utilize one or more dedicated Ares V cargo delivery flights to build up an
outpost. In this scenario, the dedicated flight cargo delivery performance using an LSAM
descent stage designed around single launch crewed missions must be compared to the
performance using an LSAM descent stage designed around 1.5 launch crewed missions.
The second outpost deployment scenario to be considered is the use of crewed 1.5 launch
missions to incrementally build-up an outpost. This incremental-build strategy is
compared to an outpost built up using dedicated cargo flights of a single launch system.
Our analysis indicates that the dedicated cargo delivery capability of an Ares V
along with an LSAM descent stage designed either around single launch or 1.5 launch is
nearly identical at 22 mt, assuming that the EDS is allowed to perform a portion of the
LOI for cargo flights. Having the EDS perform a portion of the LOI is beneficial, as for
the nominal crewed mission the LSAM descent stage leaves a portion of its payload (the
CEV) in lunar orbit. This means that in the dedicated cargo delivery case, when the entire
payload goes to the surface, the LSAM descent stage has a lower propulsive capability
than required to fully utilize the launch vehicle capacity (the LSAM propellant tanks are
full before the entire launch vehicle TLI capacity is consumed) if LOI is only performed
by the LSAM. Having the EDS perform a portion of LOI is beneficial for both the single
launch approach system design and the 1.5 launch approach system design, although the
effect is more pronounced in the single launch design. A more detailed analysis regarding
the use of the EDS for a portion of the LOI and the sizing of the LSAM descent stage is
included in Section 3.3. Given that the dedicated cargo flight performance is nearly
identical when the EDS is utilized in this manner, we do not see dedicated cargo delivery
missions as a distinguisher between the 1.5 and single launch approaches.
An alternative scenario that has been proposed [NASA, 2006b] for outpost
emplacement is to utilize the cargo capacity of a series of crewed missions to
incrementally build up surface equipment and operating capacity. In examining such a
scenario, the increased cargo capacity on 1.5 launch crewed flights is seen as an
advantage over the single launch approach. While strictly true if only comparing
capabilities of crewed missions to emplace an outpost, in our view this is a false
comparison, as an incremental build approach utilizing exclusively crewed flights to
emplace an outpost is inferior to using a combination of even a single dedicated cargo
flight along with subsequent crewed flights. A full analysis of this subject is included in
Chapter 5.
Based upon this analysis, selecting single launch for crew missions should not
impact the deployment of a lunar outpost using dedicated cargo flights. The use of
dedicated cargo flights as opposed to building an outpost with a series of crewed flights is
preferred whether or not single launch is employed.
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3.2.3 Outpost Utilization
Once an outpost is in place the primary consideration for the lunar program will
be outpost utilization, in terms of both crew rotation and outpost resupply. As such, we
examine the implications of using a single launch approach for crewed missions as
opposed to a 1.5 launch approach for crewed missions in terms of outpost utilization.
Outpost Utilization Risk
The discussion of risk from the sortie section will apply in the outpost utilization
phase as well, although in some manners will be more pronounced. As crew rotation will
require tighter schedule timing, the challenges associated with processing two vehicles to
be ready concurrently will be increased. In addition, as there are a greater number of
crewed missions involved in outpost utilization than in the sortie phase, the cumulative
risk of a failure over the course of the campaign will increase. Finally, the impact of such
a failure, whether it occurs during an actual launch or because of inability to perform the
second launch on schedule, will be greatly increased as not only will it involve a loss of
mission but also would likely lead to a need to interrupt continuous habitation of the
outpost. Given these considerations, the lower-risk single launch approach appears to be
quite advantageous for outpost crew rotation missions.
Outpost Utilization Cost for Equal Performance
From a performance perspective, crew transport capability will be the same
whether 1.5 launch or single launch is employed (i.e., the same number of crew will be
transported in either case), leaving the amount of cargo delivered along with the crew as
the potential distinguisher between the two approaches. The single launch approach to
crew transfer will bring less cargo with each crewed mission than the 1.5 launch
approach. To provide equal resupply performance in the single launch case, an extra
dedicated cargo flight could be added as needed to make up for the shortfall. Ignoring the
packaging inefficiencies inherent in the smaller sized cargo delivered with a 1.5 launch
crewed mission, five 1.5 launch crewed missions deliver excess cargo (above that of a
single launch crewed mission) approximately equivalent to a dedicated cargo launch. As
such, an “exchange rate” can be considered in which approximately 5 Ares I launch
vehicles are equivalent to 1 Ares V launch vehicle and 1 LSAM descent stage, from a
surface cargo delivery perspective. Using this exchange rate, a cost comparison can be
made for equal outpost utilization (i.e., equal crew size, mission duration, and useable
surface exploration cargo).
In addition to the direct cost impact of utilizing a single dedicated cargo flight in
lieu of 5 Ares I flights, another important impact to consider is the opportunity cost
associated with the added use of processing facilities (such as VAB bays and launch
pads) in the 1.5 launch case. In the single launch approach, these facilities would have
greater availability for other uses. It seems likely that launch facilities will be in high
demand if there is a desire to include other activities in parallel with lunar operations
(such as near Earth asteroid or Mars missions). As such, by selecting a single launch
approach for lunar missions, NASA could reduce the need for additional high cost
facilities to be built to support such additional missions.
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Overall we see the single launch approach as offering significant risk benefits for
outpost crew rotation missions. The single launch approach is likely to also offer cost
benefits for equal performance, particularly when taking into account the significant
opportunity costs associated with launch processing facilities under the 1.5 launch
approach.

3.2.4 Other Programmatic Considerations
It should be noted that while we are recommending a single-launch lunar
architecture, we are not recommending ceasing development of the Ares I. Just as during
Apollo the Saturn IB served as a development precursor, enabled testing of the CSM in
LEO, and provided crew transport to Skylab, so too can the Ares I support the
development of the Ares V, enable early testing of the CEV, service the International
Space Station, and conduct other LEO missions. The Ares I can also aid in the work force
transition from Space Shuttle to exploration activities.
Interestingly, selecting a single launch lunar approach could actually make the
development of the Ares I easier, as the Ares I requirements could be reduced such that it
need only support the CEV on LEO missions, in which the CEV propellant load is
reduced. Doing so would open up significant margin in the current Ares I design; margin
that could be used to mitigate potential challenges encountered developing Ares I.
Alternatively, maintaining the Ares I performance requirements while designing
for single launch missions provides the option to perform 1.5 launch sorties on a limited
basis for lunar sites that demand additional performance. This would maintain the
benefits described above for single launch outside of these particular sorties, while
increasing the performance when the 1.5 launch option is selected. In such an approach,
elements would be sized around single launch, and then employed for selected sortie
missions with the EDS performing part of the LOI when additional performance is
required. Further analysis regarding this option is included in Section 3.3.

3.2.5 Lunar Human Mission Launch Strategies Summary
We find that a single launch approach to crewed missions would decrease cost and
risk during the sortie phase of a lunar program, not impact the outpost deployment phase
of a lunar program, and decrease the risk and opportunity cost associated with the outpost
utilization phase of a lunar program, as compared to a 1.5 launch approach. As such, we
recommend the single launch approach be selected.
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3.3 Descent Stage Commonality across Lunar Landing Use
Cases
This section examines the feasibility of using a common LSAM descent stage to
support multiple lunar landing use cases. The LSAM descent stage envisioned as part of
NASA’s lunar architecture will need to support a wide variety of missions, ranging from
crewed global access sorties to dedicated uncrewed cargo delivery flights to an outpost.
In addition, as discussed in the section above, it may be useful to have an option to
support both single and 1.5 launch crewed missions. The use of a common system across
such missions will have significant advantages in terms of decreasing development and
fixed production costs. The objective of the descent stage for any particular mission will
be to maximize the total payload delivered to the surface, within the constraints of such a
mission. When looking across a series of mission types, however, increasing the
performance for one type of mission may cause a decrease in performance for another
type, or vice versa.
This section discusses the trades associated with designing a common LSAM
descent stage and examines particular considerations. We begin by discussing the use
cases which the LSAM descent stage would ideally support. We then perform a specific
study regarding selecting the propellant capacity of an LSAM descent stage for multiple
use cases, including a study of modifying the operational sequence to facilitate this (by
having the EDS perform a portion of LOI or the LSAM a portion of TLI). Finally we
discuss other considerations that would need to go into the design of a common LSAM
descent stage to support the use cases identified.
Our analysis indicates that having a common LSAM descent stage support the use
cases identified is feasible. In particular, the operational flexibility offered by having the
EDS perform a portion of the LOI maneuver in some use cases would significantly
enhance the performance of a common descent stage across use cases. This has particular
significance in terms of enabling a single system to be used for single launch crewed
missions, 1.5 launch crewed missions, and single launch dedicated cargo missions. As
such, we recommend that the EDS be able to perform a portion of the LOI maneuver in
certain use cases.

3.3.1 LSAM Descent Stage Use Cases
In developing a common system design it is useful to initially determine the
applications of the system, or use cases, to be included or considered for inclusion as part
of the design. Table 12 below highlights the particular use cases that should likely be
considered as part of the design of the LSAM descent stage based upon the in-space and
launch architecture detailed in the ESAS report, along with the analysis presented in this
report. The first major distinguishers between the use cases is the number and type of
launch vehicles employed (either a single launch of the Ares V or a “1.5 launch”
employing a launch of one Ares V coupled with a launch of one Ares I). The second is
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the purpose of the mission, including in the case of crewed missions the location of such
mission on the lunar surface. While only three types of crewed mission locations (global,
polar, and equatorial) are presented in Table 12, in reality there is a wider variety of
mission types depending upon the actual landing location and surface duration of the
mission, in so far as these items impact the overall mission Delta-V and payload
requirements. As such in reality there is a continuum of mission types as opposed to the
three discrete crewed mission categories presented. It is worth noting that, as envisioned
in ESAS, dedicated cargo delivery flights would only make use of a single launch; as a
result there are a total of 7 lunar landing unique use cases presented in the table.
Table 12. Likely LSAM Descent Stage lunar landing use cases.
1.5 Launch
Dedicated Cargo Delivery
X
Global Sortie
X
Equatorial Sortie / Outpost Crew Rotation
X
Polar Sortie / Outpost Crew Rotation

Single Launch
X
X
X
X

There are three major inputs to the design of the LSAM descent stage that are
determined by each use case. The choice of launch strategy for a particular mission will
determine the launch capacity (typically considered as trans-lunar injection (TLI) mass).
For crewed missions, the landing location will impact the mass of the CEV (which the
descent stage must break into lunar orbit) due to changes in the CEV crew consumables
and CEV Delta-V requirements for lunar orbit rendezvous and trans-Earth injection (TEI)
– in general equatorial missions are characterized by lowered TEI Delta-V requirements
and polar missions are characterized by lower rendezvous Delta-V requirements, as
compared to global access missions in both cases. The choice of landing site for crewed
mission could also impact the lunar orbit insertion (LOI) Delta-V requirement placed
upon the LSAM descent stage, depending upon the degree of extended pre-descent loiter
(EPDL) employed. As discussed in Section 3.1, as the degree of EPDL increases (up to
approximately 6.5 days), the LOI Delta-V becomes effectively uniform across the lunar
surface, resulting in only minor changes in LSAM descent stage LOI Delta-V
requirements across use cases. Use of EPDL in this manner is assumed in the rest of this
section, as it is our recommendation to employ EPDL to increase the performance of
global access sortie missions.
These changes in requirements and constraints across use cases will have a
number of impacts on the design of a common LSAM descent stage. The following
subsection addresses one of these, the sizing of the propellant capacity of the descent
stage, in depth. The subsequent subsection discusses other considerations related to the
design of an LSAM descent stage to support multiple use cases. The emphasis in this
analysis is on the standard 2-stage (one descent, one ascent) LSAM architecture selected
in ESAS, although some discussion of the impact of lunar landing use case commonality
upon alternate LSAM architectures is also included.
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3.3.2 LSAM Descent Stage Propellant Capacity Sizing
The changes across use cases discussed above in terms of TLI capacity, CEV
mass, and possibly LOI Delta-V will each impact the LSAM propellant capacity required
in order to maximize the payload the descent stage can deliver to the surface of the
Moon. An analysis was performed to assess the surface payload performance of LSAM
descent stages with varying levels of propellant capacity for a series of use cases of
interest.
The use cases considered were single launch dedicated cargo delivery missions,
and both single and 1.5 launch crewed missions to both equatorial and global sites. The
equatorial and global crewed missions included in this analysis are bounding cases on the
crewed mission surface payload capability for a given launch solution; polar missions and
a variety of missions less stressing than full global access are not included in this analysis
but would fit within the bounding cases. The input parameters for the use cases are
highlighted in Table 13 and Table 14. The LOI Delta-V is held constant, consistent with a
level that can be achieved through the use of EPDL. The “CEV Mass” column represents
the mass which must be braked into lunar orbit by the descent stage but not carried to the
surface, as such it is 0 kg in the dedicated cargo delivery case.
Table 13. LOI Delta-V and CEV mass inputs by mission type.
LOI dv [m/s]
CEV Mass [kg]
910
0
Dedicated Cargo Delivery
910
19,800
Global Sortie
910
16,800
Equatorial Sortie / Outpost Crew Rotation
Table 14. TLI capability by launch strategy.
TLI Mass [kg]
55,000
Single Launch
65,000
1.5 Launch
For each of the use cases under consideration, the propulsion model developed as
part of the MIT LSAM architecture study was used to assess the cargo performance of an
LSAM descent stage with varying propellant capacities. For the purposes of this analysis,
the landing gear masses (at 3% of the landed mass), were unique for each case analyzed,
although as discussed later in this section, an analysis of common landing gear (with the
same landing gear mass across multiple use cases) should be conducted. No
modifications were made to the Delta-V’s as a result of acceleration levels changing with
the changes in system mass. A further analysis of such impacts would also be worthwhile
in a more in-depth common LSAM descent stage design study.
In the default case for this analysis, a clean split was assumed between the TLI
and LOI maneuvers, with the launch vehicle Earth Departure Stage (EDS) performing all
of TLI and the LSAM descent stage performing all of LOI. As a result of enforcing this
split, an optimum LSAM propellant capacity exists that provides for maximum surface
payload. In moving to propellant capacities lower than this optimum, the LSAM descent
stage does not have sufficient propellant to fully utilize the launch vehicle with EDS
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capacity – for example, even if the launch vehicle with EDS could propel 65 mt to TLI,
only 60 mt might be sent if the LSAM propellant capacity is insufficient. Conversely, for
LSAM descent propellant capacities greater than the optimum, the launch vehicle and
EDS do not have sufficient TLI capacity to propel the maximum achievable LSAM
descent stage payload, along with the CEV and fully fueled LSAM. As such, the payload
capacity is decreased and LSAM descent propellant is correspondingly offloaded until
the total mass is within the launch vehicle with EDS TLI capability, and the LSAM
descent stage is flown with partially empty tanks.
Another case was considered to increase the payload delivery performance of the
LSAM descent stage when the LSAM descent stage propellant capacity was other than
the optimum for a clean TLI-LOI split. In this alternate case, rather than forcing a clean
split between TLI and LOI functionality, the EDS was allowed to perform a portion of
the LOI burn or the LSAM descent stage was allowed to perform a portion of the TLI
burn depending upon whether the LSAM descent stage was either undersized or
oversized, respectively, from a propellant capacity standpoint. In order to make this
assessment, the launch vehicle performance model based upon NASA’s Ares vehicles
described in Appendix A was employed. In this case, the LSAM was flown with full
propellant tanks and the Delta-V split was determined so as to completely utilize the
capacity of the launch vehicle with EDS.
Figure 9 below presents the results for a single use case, namely a 1.5 launch
equatorial mission, and highlights the behavior of the surface payload capability relative
to the propellant capacity of the LSAM descent stage. The solid line represents the
default case of a clean TLI-LOI split, with the EDS performing TLI and the LSAM
descent stage performing LOI. In this case one can see the decrease in performance as
one moves from the optimum to lower propellant quantities caused by not fully
capitalizing on the launch vehicle capacity, along with the decrease in performance
resulting from flying with partially empty tanks (and excess associated structure) when
utilizing an oversized LSAM. In this case, having an undersized LSAM has a greater
negative impact on performance than having an oversized LSAM. When the TLI and LOI
maneuvers are not cleanly split (meaning either the EDS performs a portion of LOI or the
LSAM performs a portion of TLI), as shown with the dashed line, the surface payload
performance is much less sensitive to LSAM descent stage sizing. This is because the
launch vehicle capacity is always fully utilized and the LSAM descent stage tanks are
always completely full. It is worth noting that what was the optimum propellant capacity
(from a payload maximization standpoint) in the clean TLI-LOI split case is no longer the
optimum once these maneuvers can be assigned to the EDS and LSAM together,
although the optimum is quite shallow once the maneuvers are jointly assigned.
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Figure 9. Surface payload performance versus LSAM descent stage propellant
capacity for 1.5 launch equatorial mission.
Figure 10 presents the results for the five use cases considered in this analysis
(single launch global, single launch equatorial, 1.5 launch global, 1.5 launch equatorial,
and single launch dedicated cargo, in order of increasing performance). As the
“equatorial” and “global” use cases represent the bounding use cases for each of the
single launch and 1.5 launch strategies, the regions between these bounding cases are
highlighted in yellow, to denote that other use cases may exist within this region, with
both the surface payload and propellant capacity falling in-between those of the global
and equatorial use cases. The trends for each of the use cases presented herein follow
those of the 1.5 launch equatorial use case presented previously, although with the
surface payload performances offset depending upon the type of mission.

- 55 -

25,000

Single La unc h
R e gio n

1.5 La unc h
R egio n

D e dic at e d
C a rgo

LSAM Descent Stage Surface Payload [kg]

Dedicated Cargo
20,000

1.5 Launch
Equatorial
1.5 Launch Global
Single Launch
Equatorial
Single Launch
Global

15,000

So lid - Clean TLI-LOI Split
Dashed - Co mbined TLI-LOI

10,000

5,000

18,000

20,000

22,000

24,000

26,000

28,000

Maxim um Propellant Capacity of LSAM Descent Stage Design [kg]

Figure 10. Surface payload performance versus LSAM descent stage propellant
capacity for five selected use cases. Use case regions based upon launch strategy
along with dedicated cargo use case highlighted in yellow.
One can use the information in a chart of this type to understand the effect of
selecting a particular LSAM descent stage propellant capacity on the performance of a
series of mission types. Assuming that only a single propellant capacity will be used for
the descent stage in all missions, a vertical line through the chart can show the
performance for each mission. One could also envision a commonality approach in which
distinct configurations (variants) exist, each one with a unique propellant capacity (which
possibly could be achieved by adding or stretching tanks). In such a case, each variant
could be assessed by a separate vertical line through the above figure. Employing
methods to create such variants will likely result in structural overheads not accounted for
in the model used to create such a chart, so the performance of variants identified in such
a manner would likely represent an upper bound and would have to be independently
analyzed, although a chart such as this could provide a useful means to identify where
such variants might be worthwhile.
As the surface payload presented on the vertical axis represents the entire payload
delivered by the LSAM descent stage to the surface, it is important to note that for
crewed missions approximately 10 mt of this mass will be made up of the LSAM ascent
stage. As such, the relative impact on the useable surface cargo (beyond the ascent stage)
delivered on crewed missions will be magnified significantly relative to that presented in
this chart. Taking the single launch global access mission as an example, while the
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difference between the dashed line (with the LSAM performing a portion of TLI) and that
of the solid line (with the LSAM only performing LOI), seems quite small even for a
descent stage with 26 mt of propellant capacity, in reality the resulting change in
performance could be the difference between being able to perform a mission of this type
or not.
Examining the information in Figure 10 above, a number of interesting
observations can be drawn:
1) In general, allowing the EDS to perform a portion of LOI or the LSAM to
perform a portion of TLI can greatly increase the performance of a system across
a wide range of mission types. For example, a system sized around a single launch
approach could use the EDS for a portion of TLI for either dedicated cargo
delivery or 1.5 launch crewed missions, with little to no impact on performance
relative to a system sized around those specific cases.
2) Using the EDS to perform a portion of LOI could lead to smaller LSAM descent
stages with little or no decrease in surface payload performance. Typical cost
estimating relationships scale the development and production cost of propulsion
systems with their dry mass; a lower propellant capacity will result in a lower dry
mass, possibly decreasing cost. Having a smaller descent stage may also be
beneficial from the standpoint of surface access and cargo unloading during lunar
missions.
3) Selection of a sizing strategy will depend upon the number of missions of each
use case planned, the relative importance of surface payload performance for each
mission type (including due to impact of the mass of the ascent stage), and the
willingness to have the LOI or TLI functionality jointly shared between the EDS
and descent stage. For example, if one wanted a relatively large portion of crewed
missions to be single launch and were willing to have the EDS perform a portion
of the LOI on some missions, it would likely be worthwhile designing for a
smaller descent stage (to maximize single launch performance with a clean TLILOI split), and using the EDS to perform a portion of the LOI on cargo delivery
missions and any 1.5 launch crewed missions conducted. Conversely, if little or
no emphasis is placed on single launch missions (and in particular not on single
launch global access missions) and a clean TLI-LOI split is desired for all
missions, it may be worth designing around the cargo delivery case and then
flying with partially empty tanks for crewed missions (including possibly single
launch crewed missions, although the performance for single launch global
missions may be too low to be feasible in this case).
Given that allowing the EDS to perform a portion of LOI or the LSAM to perform
a portion of TLI opens up significant options in terms of the design of a common LSAM
descent stage for a multitude of lunar landing use cases, it is worth examining what
impact doing so would have.
Looking first at the case of having the EDS perform a portion of LOI, the major
system impacts will be a potential increase in the number of starts required by the EDS
engine, EDS boil-off mitigation and attitude control of the EDS-LSAM-CEV stack
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during the trans-lunar coast, and a modest increase in the burn-out acceleration of the
EDS. An increase (by one) in number of starts for the EDS engine would only be
required if the EDS is to be used for a portion of LOI on crewed missions; on cargo
missions, it is possible for the typically separate sub-orbital and TLI burns to instead be
completed in a single maneuver, as no rendezvous is required. The change in terms of
development difficulty for an engine to have multiple restarts is relative small when
compared to including a restart capability in an engine at all (as will be required in the
nominal case for the EDS), as such this does not appear to be a major driver. From a boiloff mitigation perspective, it appears unlikely that a four day or less coast to the Moon
will be a challenge when compared to the likely several week loiter in Earth orbit
required as part of the 1.5 launch solution, particularly given that the trans-lunar coast
environment will be more benign from a thermal perspective (as compared to the large
infrared radiation flux from the Earth when in low Earth orbit). The center of gravity will
be somewhat offset in a partially burned EDS stack along with the LSAM and CEV as
compared to during LEO loiter, possibly requiring some adjustments in attitude control
strategy. The burnout acceleration of the EDS will be increased due to the lower LSAM
mass (and thus result in increased loads on the crew and CEV-LSAM docking
mechanisms), although our analysis indicates that the acceleration increase is less than
10%. Having the EDS perform a portion of the LOI will also result in a need for two
burns to be conducted in order to complete the full LOI maneuver (one by the EDS, one
by the LSAM). A Delta-V of 300 m/s is sufficient to capture into a 24 hour period elliptic
lunar orbit. As such, if the EDS performs at least 300 m/s of LOI, it does not appear that
the two burns required for the LOI will be overly risky as the time sensitivity can be
relatively low – it is possible to have the EDS perform the first burn, then to stage the
EDS and prepare the LSAM descent stage for the second burn as an orbit about the Moon
is completed. Time would likely also be available to allow for multiple attempts to
perform the remainder of the LOI maneuver with the LSAM descent stage.
In contrast, having the LSAM perform a portion of TLI will not require a special
need for trans-lunar coast capabilities, although will require a much more tightly timed
staging and engine start maneuver; the LSAM engines would also need an additional start
added, although they would already have a restart capability for nominal operations. The
need for a tightly timed staging and engine start-up stems from the need to complete TLI
in effectively a single maneuver. Unlike the previous case (where the EDS performed a
portion of LOI), the resulting Earth orbit after the completion of the EDS burn in a case
where the LSAM performs a portion of the TLI will likely be several days in duration,
with two extra passes (compared to a typical crewed lunar mission) through the Earth’s
radiation belts, meaning that waiting for the next pass around the Earth prior to
completing the TLI maneuver is likely to be highly undesirable. In order to keep the
gravity loss associated with TLI small, the maneuver would have to approximate a single
burn, meaning a very rapid staging and start-up of the LSAM engines, more similar to a
launch vehicle staging event, although in this case possibly also requiring the deployment
of landing gear prior to engine start. The greater mass associated with the LSAM (and
thus the EDS-LSAM-CEV stack) in this case as compared to an EDS performing a
portion of LOI case, may also lead to increases in the TLI Delta-V required due to the
lower accelerations for a fixed stage thrust.
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Overall it does not appear that having the EDS perform a portion of LOI would be
overly challenging. Having the LSAM perform a portion of TLI appears to offer more
significant obstacles. Determining how desirable it to have the EDS perform a portion of
LOI (or the LSAM a portion of TLI) would need to be done in the overall context of the
missions to be performed, the frequency with which such maneuvers would be required,
and the associated performance impacts of including such maneuvers as compared to not
doing so. Including considerations for these maneuvers as part of the propellant capacity
sizing of the LSAM descent stage appears to offer benefits in at least some design
scenarios. In particular, having the EDS perform a portion of LOI appears to be
beneficial, as it can lead to a decreased mass and thus possibly less expensive LSAM.

3.3.3 Other Considerations for LSAM Descent Stage Commonality
Across Use Cases
The previous subsection analyzed the impact of propellant capacity sizing on the
performance capability of LSAM descent stages for a variety of lunar landing use cases.
Beyond propellant capacity, a number of other factors will impact the performance and
design of a common descent stage, which are discussed here although not analyzed to the
same degree as propellant capacity.
In developing a common descent stage design, it is likely that the same thrust will
be employed across use cases and therefore use cases with larger payloads will have
lower magnitude acceleration profiles than those with smaller payloads. The Delta-V
required for LOI and more significantly descent and landing will depend upon the
acceleration of the integrated vehicle in so far as higher accelerations will result in lower
gravity losses and vice versa; as such, use cases with higher payloads will require
somewhat increased Delta-Vs. The result of this impact will be to cause a decrease in the
higher performing use cases as compared to the lower performing use cases. To some
degree having the same thrust across all use cases could also result in greater than the
optimal thrust required for the lower mass cases, decreasing their performance in absolute
terms due to increased engine mass (as compared to an optimized point-design lander).
While not directly impacting performance, having a fixed thrust but varying payloads
across use cases will also mean that the degree of throttling required across use cases will
vary, with the lowest payload cases requiring the deepest throttle capability. This may
increase the challenges associated with engine development, although the specific details
as to what degree would need to be investigated further. An aspect related to the
acceleration levels experienced across use cases is the resulting trajectory, and in
particular the relative timing of events. The standard two-stage LSAM architecture
analyzed in this section is relatively insensitive to trajectory changes, however alternative
LSAM architectures, particularly those employing drop stages or drop tanks, will be more
sensitive. Such architectures require that expended elements drop in such a fashion as to
not cause damage to an outpost or other emplaced assets. Trajectory changes resulting
from changing acceleration profiles will likely result in changes in impact location and
velocity of dropped elements, necessitating further analysis to ensure that safe operation
is maintained across all use cases. In order to partly mitigate the effects of varying
acceleration profiles across use cases, the option of having variants with differing thrust
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levels could be investigated. This could be achieved, for example, by including different
numbers of engines or engines of different thrust levels across variants. While doing so
may aid in mitigating the acceleration profile issues discussed above, the tendency of
adding variants will be to generally increase system complexity and in particular increase
the development and production costs of the LSAM descent stage.
Another aspect related to the varying descent stage payload mass across lunar
landing use cases is the mass of landing gear to support the various landed masses.
Landing gear (and associated structure) typically scales with the total mass landed on the
surface, including both the descent stage and its payload. In the model used to calculate
the surface payload performance of LSAM descent stages with varying propellant
capacities in the previous sub-section, the landing gear was assumed to be 3% of the total
landed mass in each case analyzed. The landing gear masses associated with each of the
use cases under consideration are presented in Figure 11. Again likely a single LSAM
descent stage propellant capacity would be selected, which would be represented by a
vertical line in the figure.
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Figure 11. Landing gear mass versus LSAM descent stage propellant capacity for
five selected use cases. Use case regions based upon launch strategy along with
dedicated cargo use case highlighted in yellow.
In analyzing the surface payload performance presented in the previous subsection, distinct landing gear masses were utilized in each case. In actual practice, it may
be worth having a common landing gear design across multiple use cases. Based upon
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Figure 11, it appears that if a single landing gear variant is employed for all use cases,
sized so as to enable the full cargo to be delivered in the dedicated cargo case, the gear
would be oversized by approximately 200 kg for the 1.5 launch use cases and by about
400 kg for the single launch use cases. This oversizing of the landing gear mass would
result in a corresponding decrease in surface payload performance when the common
gear is used. Alternatively, multiple landing gear variants could be employed (likely
based upon a very similar design, although perhaps with strengthened variants in some
cases) to limit the decrease in performance caused by utilizing common landing gear.
One example would have two variants in use, one for cargo missions and another for
crew missions. Another example could have three variants with one employed for cargo
missions, one for 1.5 launch missions, and one for single launch missions. In considering
such variants it may also be worth assessing whether the same safety factors must be
employed in missions with crew versus missions only carrying cargo – in the figure
above the same safety factor is employed across the board, although if a lower safety
factor is possible for the dedicated cargo case it could bring the landing gear mass for
such missions more in line with that required for crewed missions.
Other items to be considered emerge due to the differences in requirements
between crewed missions and dedicated cargo missions utilizing the LSAM descent
stage. Two examples of such considerations are in the GN&C system design and
provisions for cargo offloading. For crewed missions, the descent to the surface will
likely at minimum involve crew supervision, whereas cargo delivery flights will likely be
more fully autonomous. Also, as crewed missions will require GN&C for ascent, it may
be desirable to have a single GN&C system (in the ascent stage) that controls both
descent and ascent. In contrast, dedicated cargo missions will require a GN&C system in
the descent stage as no ascent stage will be present. The development of a common
GN&C system will thus need to take into account such distinctive features between
crewed and cargo-only use cases. Another aspect, impacting the geometry and layout of
the LSAM descent stage, will be cargo offloading requirements. On crewed missions, the
cargo delivered will be relatively limited, as compared to that on dedicated cargo
missions, because on crewed missions both the surface payload of the descent stage is
decreased and a large fraction of the surface payload is the ascent stage. In some cases,
unique descent stage configurations have been proposed for dedicated cargo delivery
purposes which could facilitate the offloading of large quantities of cargo but are not as
well suited for crewed missions. Whether investing in a unique descent stage
configuration for cargo missions is worthwhile is a question that needs to be addressed,
however if a common configuration is employed (as baselined in ESAS), considerations
for the cargo offloading across the use cases would need to be included.

3.3.4 LSAM Descent Stage Commonality Summary
The design of the LSAM descent stage was considered across a series of use
cases. It appears quite feasible to develop a single descent stage design that can support
single launch cargo missions as well as crewed single launch and 1.5 launch missions to a
variety of lunar landing locations, although a variety of considerations in so doing were
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presented. As such, it does not appear that supporting dedicated cargo flights should be
difficult from an LSAM descent stage perspective.
Having the EDS perform a portion of LOI appears to offer a number of
advantages. It can enhance the system flexibility for support across a variety of use cases,
including supporting an option to have high performance single launch and 1.5 launch
crewed missions with the same system. Having the EDS perform a portion of LOI can
also allow for a decreased LSAM descent stage size, possibly leading to a decrease in
LSAM development and production costs, and facilitating surface access when landed.
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3.4 Lunar Operational Transportation Architecture
This section examines the operational transportation architecture for crewed lunar
missions. The focus of this section is on the in-space operations as opposed to the launch
aspects of crewed lunar transportations systems, although launch considerations are
presented towards the end of this section. A comparison is made between the Lunar Orbit
Rendezvous mission mode selected by the ESAS team and the Lunar Direct Return
mission mode recommended by the Draper-MIT CE&R study team. The Draper-MIT
CE&R team found that direct return architectures could decrease the development and
operational costs for lunar exploration. We are aiming to identifying whether this result
holds given the current state of system development (i.e., launch vehicle capacities, CEV
mass, etc.) and with the updated propulsion stage models from the MIT LSAM study.
This section first reviews the results from the Draper-MIT CE&R study regarding
lunar transportation architectures. The CE&R results are presented in sub-sections 3.4.1
to 3.4.5. Sub-section 3.4.6 then examines the performance of a lunar direct return
architecture given the capabilities of the launch vehicles under development by NASA
and an estimate for the mass of CEV Command Module currently under development,
utilizing the updated propulsion stage model created as part of the MIT LSAM
architecture study.
In summary, we find that a direct return architecture would reduce the number of
elements that must be developed (decreasing development costs) and would have higher
safety and operational reliability relative to an LOR architecture. In order for a direct
return architecture to be feasible using a 1.5 launch approach, hydrogen-oxygen ascent
and TEI propulsion would be required. Using a two launch approach would allow a direct
return architecture to be employed with either hypergolic or methane-oxygen ascent and
TEI propulsion. Based upon these observations regarding launch solutions / propulsion
technology, coupled with the current development status of systems designed around
LOR and the potential for LOR to allow a single launch approach, we do not recommend
a change to the current baseline operational architecture (i.e., LOR).

3.4.1 Interesting Lunar Architectures Identified in the Draper-MIT
CE&R Study
In order to comprehensively evaluate Moon and Mars transportation architectures,
the Draper-MIT CE&R study team made use of an architecture generation tool developed
in the Object Process Network (OPN) graphical programming language, to identify 1162
architectures for enabling missions to either Moon or Mars [Draper, 2005; Simmons,
2005]. Each of these architectures was evaluated using parametric models for a set of
technology options and screened using a series of proximate metrics related to cost and
risk [Draper, 2005; Wooster, 2005c]. From this process, the team identified three lunar
architectures that appear to be of particular interest as potential candidates for the lunar
crew transportation system for short-duration lunar missions. The three architectures are
described below. In terms of destination, two of them involve the CEV descending to the
lunar surface and one has the CEV remain in a staging location in the lunar vicinity. The
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index number associated with the architectures are reference numbers to the architectures
generated using the OPN tool.

1

Arch 1: CE V to S urface, Direct Return to E arth

Lunar surface

CE

V

Lunar orbit
Lunar escape

Figure 12. Architecture 1, Lunar Direct Return Architecture.
Lunar Direct Return Architecture (Arch 1)
The first lunar architecture candidate also is the first architecture generated by the
OPN tool due to the architecture’s overall simplicity. In this architecture, the crew
transfers to the surface of the moon in the CEV, makes use of the CEV for surface
operations (potentially including a transfer to a surface habitat for long duration
missions), and then returns directly to the Earth from the surface of the Moon in the CEV
(Figure 12). Propulsion stages are used in series to accomplish the required maneuvers
and remain with the CEV until expended.
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Arch 12: CE V to S urface, LOR with P ropulsion
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Figure 13. Architecture 12, Propulsion Lunar Orbit Rendezvous with Lunar
Surface CEV.
Propulsion Lunar Orbit Rendezvous with Lunar Surface CEV (Arch 12)
The second architecture of note also has the CEV proceeding to the surface of the
Moon. However, in this case the propulsive capability for Trans-Earth Injection (TEI)
remains in lunar orbit as opposed to traveling to the surface. As in Arch 1, the CEV
supports the crew while on the surface, possibly including transfer to a long duration
surface habitat. After ascending from the surface, the CEV performs a rendezvous in
lunar orbit with the TEI propulsion and then returns to Earth. Figure 13 provides an
overview of this architecture.
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Figure 14. Architecture 67, Lunar Orbit Rendezvous with Separate LSAM.
LOR with separate Lunar Surface Access Module (Arch 67)
The third architecture of interest is the classic Apollo-LOR architecture as used
successfully during the late 1960s and early 1970s [NASA, 1975]. This architecture was
also selected during ESAS as the baseline for NASA’s exploration program [NASA,
2005a]. In this architecture, the CEV proceeds only as far as lunar orbit. At that point the
crew transfers to a separate Lunar Surface Access Module, descends to the lunar surface,
and is supported by the LSAM on the surface for short periods of time or until the crew
transfers to a long-duration surface habitat. Upon concluding the surface mission, the
crew ascends to lunar orbit in the LSAM, rendezvous with and transfers to the CEV, and
subsequently returns to Earth. Figure 14 provides an overview of this architecture.

In examining these three architectures, one can observe two primary options to
distinguish among them: whether the architecture has the CEV go to the surface or a
separate LSAM is used, and whether lunar orbit rendezvous is used or a direct return to
earth is performed (Figure 15). The architecture grouping according to these two
parameters is included in the following table. It is interesting to note that while CEV to
the surface is traditionally associated with the direct return architecture (Arch 1), CEV to
the surface is also compatible with orbital rendezvous as in Arch 12.
CEV to surface

Rendezvous
during return

LSAM to Surface

12

67

CEV to surface,
rendezvous with
TEI prop in LO

CEV to LO only

1
Direct return
to Earth

CEV to surface,
direct return to
Earth

Infeasible

Figure 15. High-level lunar crew transportation architecture, CEV destination
space.
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Of these three architectures, Arch 67 has been frequently suggested for use in a
variety of studies investigating lunar exploration architectures, and is representative of
the EOR-LOR architecture selected by ESAS. Arch 1 has also been proposed, including
as the original Apollo lunar architecture concept (either in single-launch NOVA mode or
multi-launch Earth orbit rendezvous (EOR) mode) [Houbolt, 1961] and was investigated
in depth again as part of NASA’s First Lunar Outpost study conducted in the early 1990s
[Bartz, 1993]. While some studies, such as NASA Langley’s Broad Trade Study,
[Mazanek, 2004] have touched on Arch 12, it does not appear to have been previously
studied in-depth. Both Arch 1 and Arch 67 were studied as part of NASA’s ESAS effort,
while Arch 12 is not discussed in the ESAS report [NASA, 2005a].

3.4.2 First-Order Mass Comparisons across Lunar Architectures
As the cumulative launch mass or Initial Mass in Low Earth Orbit (IMLEO) is a
major driver for the overall cost of a given architecture, it is frequently used as a metric in
architecture selection. A common belief exists that architectures in which the CEV goes
to the lunar surface, in particular direct return architectures, incur a substantial mass
penalty when compared to Lunar Orbit Rendezvous architectures. In order to determine
the validity of this belief, the masses of the architectures of interest are presented for a
series of mission requirements and technology assumptions. This represents a first order
analysis in that very simplified propulsion stage and crew compartment models are
employed. As such, the results can suggest trends, although should not be considered
high-confidence results. Further analysis of selected options is required in order to
provide higher confidence mass estimates suitable for initiating the design of the
particular systems.
In determining the IMLEO of human space exploration architectures, the mass of
the crew compartments involved are of utmost importance as they are the primary
payload and thus size the propulsion stages in use. For the purposes of this analysis, the
CEV and LSAM were each modeled as single crew compartments with a fixed mass to
meet their mission duration requirements. More detailed analysis strategies to reduce the
mass can be employed such as by providing consumables storage and power provision
equipment on elements which are jettisoned once they are no longer necessary. Modeling
the crew compartments as fixed masses, however, will allow for a conservative mass
estimate to be made consistent with the current level of analysis. The crew compartment
masses are included in Table 15. They are based upon the Draper-MIT Concept
Exploration and Refinement study CEV design and CEV and LSAM designs contained
within the NASA Johnson Space Center Focused Trade Study Report [Robertson, 2004].
A crewed surface mission duration of 7 days and a crew size of 4 were assumed, which
would enable both short-duration lunar scouting expeditions and long-duration stays at a
pre-deployed lunar surface habitat. CEVs with lunar surface capability were modeled as
incurring a 10% overhead relative to lunar-orbit-only CEVs in order to accommodate the
design modifications required for surface missions and the additional consumables for the
increase in crewed duration. The crew compartment table also includes representative
fixed masses for the Apollo spacecraft Command Module and Lunar Module Ascent
Stage crew compartments, taking into consideration appropriate masses from the Service
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Module and Descent Stage for life support, thermal control, and power subsystems
required to support the crew [NASA, 1975; Gavin, 2002]. Additional payloads were
added to these masses as seen in Table 16, with the cargo added for outbound trip (EarthMoon), the samples added on the return trip (Moon-Earth), and the “per crew” mass
multiplied by the number of crew present on the round trip.
Table 15. Crew Compartment Masses Used in Architecture Analysis.
Crew Compartment Mass [kg]
Apollo LM Habitat
2,700
Apollo CM
7,000
LSAM Habitat
6,800
Lunar Orbit CEV
9,150
Lunar Surface CEV
10,050
Table 16. Additional Payload Masses
Mass [kg]
Cargo
500
Samples
100
Per Crew
180
Using the parameters described below, propulsion stages were sized based upon
these crew compartments and additional payload masses to determine the overall mass of
the three architectures through a series of mission and technology options. The
propulsion stages were modeled as having a fixed structural factor, termed Alpha, for a
given propellant type. The structural factor was defined as follows, and was used along
with the rocket equation and the parameters described below to size the relevant
propulsion stages:
Alpha = (Dry Mass of Stage) / (Propellant Mass of Stage)
The parameters used for modeling the Earth Departure Stage are included in
Table 17. The operational sequence was also modified such that the Earth Departure
Stage performed both trans-lunar injection and lunar orbit insertion in the VSE case, as
opposed to solely trans-lunar injection in the Apollo case, so as to take advantage of its
higher specific impulse.
Table 17. Earth Departure Stage parameters.
Apollo, Trans-Lunar Injection
VSE, Trans-Lunar Injection & Lunar Orbit Insertion

Delta-V [m/s]
3,200
4,082

Isp [s]
430
462

Alpha [-]
0.15
0.11

The parameters used for modeling the Service Module in Arch 12 and 67 are
included in Table 18. The specific impulse (Isp) and structural factor (Alpha) for the
Apollo case are representative of those for the Apollo Service Module when adjusted for
the sub-systems assigned to the crew compartment. In the Apollo case, the first Delta-V
is for lunar orbit insertion, the second Delta-V is for trans-Earth injection. The first DeltaV is applied to the descent stage for the Lunar Direct Return architecture in the Apollo
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case as it does not have a specific Service Module stage. For the remainder of the cases,
the first Delta-V is representative of the lunar orbit plane change required to enable
global access with anytime return as described in the Section 3.1 (not required in the
near-equatorial case). The second Delta-V is once again used to perform trans-Earth
injection.
Table 18. Service Module parameters.
Delta-V 1
[m/s]
Apollo Hypergolics; Near-Equatorial 950
VSE Hypergolics; Near-Equatorial
VSE Hypergolics; Global Access
1,500
Methane-Oxygen; Global Access
1,500

Delta-V 2
[m/s]
950
966
966
966

Isp [s]

Alpha [-]

314
316
316
362

0.27
0.15
0.15
0.15

The parameters used for modeling the descent stage are included in Table 19. The
decreased Delta-V is attributable to higher thrust trajectories used during the modern
case. The structural factor, alpha, was also increased in the case of a hydrogen-oxygen
lander to take into account the lower density of hydrogen fuel.
Table 19. Descent Stage parameters.
Delta-V [m/s]
Apollo Hypergolics
2,083
VSE Hypergolics
1,881
Methane-Oxygen
1,881
Hydrogen-Oxygen
1,881

Isp [s]
311
316
362
430

Alpha [-]
0.20
0.20
0.20
0.25

The parameters used for modeling the descent stage are included in Table 20. The
Ascent & TEI Delta-V was used in sizing the ascent and trans-earth injection stage for
the Lunar Direct Return architecture. The Ascent Only Delta-V was used in sizing the
ascent stage for the standard and propulsion lunar orbit rendezvous architecture.
Table 20. Ascent Stage parameters.

Apollo Hypergolics
Modern Hypergolics
Methane-Oxygen

Delta-V [m/s]
Isp [s]
Ascent & TEI Ascent Only
2,821
1,871 311
2,681
1,834 316
2,681
1,834 362

Alpha [-]
0.15
0.15
0.15

The IMLEO results for a series of cases are presented in Figure 16. The baseline
was an Apollo case utilizing the crew compartments, Delta-V’s, structural factors, and
specific impulse (Isp) of the actual Apollo system applied to the three operational
architectures under consideration (left-most case). The 1st variation from the baseline saw
the introduction of the modern crew compartment masses, present day propulsion
technology with the same propellant combinations as used during Apollo, and a modified
operational sequence in which the high specific impulse (Isp) Earth Departure Stage
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(EDS) performs Lunar Orbit Insertion (LOI) of the stack prior to descent. The 2nd
variation further modified the mission objectives by moving away from the short
duration, near equatorial limits of the Apollo system to provide long duration, global
access anywhere on the lunar surface. In order to maintain an anytime Earth return
option, this required introducing a plane change capability into the orbital assets of
architectures 12 and 67, using the plane change strategy described in Section 3.1. (The
Direct Return architecture inherently has global access with anytime return capability, so
no modifications were required relative to the previous case.) For the 3rd variation, higher
Isp methane-oxygen propellants were introduced for ascent, descent, and trans-Earth
injection (TEI) replacing the hypergolic propellants used in the previous cases. The 362 s
Isp of methane-oxygen is representative of pressure-fed specific impulse for this
propellant combination; higher Isp is possible, particularly with pump-fed systems, as
such this represents a conservative estimate of the benefit of introducing methane-oxygen
propulsion. The 4th variation uses hydrogen-oxygen for descent propulsion. Methaneoxygen is maintained for ascent and TEI due to boil-off concerns related to the long term
storage of hydrogen in a space environment. The 5th variation introduces the provision of
in-situ produced lunar oxygen loaded into the ascent stage on the lunar surface. In the
case of the Direct Return architecture the ascent stage performs both ascent and TEI, so
the lunar oxygen is provided for both maneuvers.
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Figure 16. Lunar architecture IMLEO results across a series of mission and
technology options.
It is interesting to note that in the Apollo case, the Lunar Orbit Rendezvous
architecture, which was ultimately chosen, did indeed provide significant mass benefits
when compared to the direct return architectures also under consideration at the time
[Houbolt, 1961; Hansen, 1995]. This is likely a large contributor to the belief that direct
return architectures are unacceptably massive, although it becomes clear that with
modern propulsion technology and current day mission objectives, this is no longer the
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CEV to Surface IMLEO % difference relative to LOR

case. Once methane-oxygen propulsion has been introduced, and particularly so with a
hydrogen-oxygen lander, the IMLEO of the Lunar Direct Return architecture is
comparable to that of a standard Lunar Orbit Rendezvous architecture. The Propulsion
Lunar Orbit Rendezvous (Arch 12), in which the CEV travels to the lunar surface and
performs a rendezvous with the Trans-Earth Injection propulsion prior to returning to
Earth, also appears to offer a slight mass benefit relative to the LOR and LDR
architectures once cryogenic ascent, descent, and TEI propulsion is introduced. In the
case of In-Situ Resource Utilization (ISRU) for the provision of oxygen, a significant
reduction in IMLEO can be seen, particularly for the Direct Return architecture. It should
be noted that the masses presented for ISRU make no account for the oxygen production
equipment or potential feedstock required for the processing – the addition of these to an
actual campaign would offset some of the benefit of ISRU relative to non-ISRU missions.
As can be seen in Figure 17, while the percent difference between the architectures with
lunar surface CEVs are comparable to a standard LOR architecture in the case of
cryogenic propellants, once ISRU is introduced both of the CEV to surface architectures
are significantly lower than LOR.
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H2/O2 460 s for EDS;

H2/O2 460 s for EDS;

Hypergolics 316 s
elsewhere

Hypergolics 316 s
elsewhere

CH4/O2 362 s
elsewhere

H2/O2 430 s for
Descent;

H2/O2 430 s for
Descent;

CH4/O2 362 s
elsewhere

CH4/O2 362 s
elsewhere

Hypergolics
311s for Asc/Dsc,
314 s elsewhere
Operation
Sequence

LOI with SM /
descent stage

LOI with EDS

LOI with EDS

LOI with EDS

LOI with EDS

LOI with EDS, ISRU
oxygen for ascent

Location

‘Near equatorial’

‘Near equatorial’

Global access

Global access

Global access

Global access

Figure 17. Percent IMLEO difference of CEV to Surface architectures relative to
Lunar Orbit Rendezvous with CEV in Orbit across a series of mission and
technology options.
While ISRU provides significant benefit, it appears unlikely that this technology
will be used on initial lunar missions. As such, we believe that the 3rd or 4th variations,
meaning either methane-oxygen for descent, ascent, and TEI or hydrogen-oxygen for
descent and methane-oxygen for ascent and TEI, are the most likely candidates for initial
missions. ISRU may be introduced at a later date once the processes have been
adequately demonstrated and a production facility emplaced. Doing so would either allow
for reductions in the IMLEO of the crew transportation system or, perhaps more likely,
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the inclusion of significantly increased cargo capacity per flight. Focusing then on the
cryogenic propellant cases without ISRU, the close proximity of the initial mass in low
Earth orbit for each of the three architecture-classes indicates that IMLEO should be less
of a deciding factor in selecting the lunar architecture. As such, additional analysis of
considerations other than IMLEO is provided below, including mission risk, crew safety,
overall development and operational cost, and other programmatic considerations. This is
followed by an analysis of the launch architecture and resulting surface exploration
capability for Lunar Direct Return architectures using the more detailed propulsion stage
model developed in the MIT lunar lander study in order to compare to the Lunar Orbit
Rendezvous architecture selected during ESAS and analyzed in further depth through out
the remainder of this report.

3.4.3 Mission Risk and Crew Safety Comparisons across Lunar
Transportation Architectures (“Mission Modes”)
The Direct Return, Propulsion Lunar Orbit Rendezvous, and standard Lunar Orbit
Rendezvous architectures have notable differences regarding their operational sequences
and the number and type of mission critical events and crew safety hazards. These
translate to differences in risk and crew safety. Each of the following set of distinguishing
features is analyzed further below:
• Crew safety for an Apollo 13-style emergency
• Rendezvous in lunar orbit
• Docking in lunar orbit
• Hardware accessibility in the lunar vicinity
Crew Safety for an Apollo 13-style Emergency
During the Apollo 13 mission, an explosion in the Service Module caused the
power, life support, and propulsion subsystems of the Command and Service Module
(CSM) to fail or otherwise be unavailable, and rendered the CSM effectively useless
beyond providing reentry capability and pressurized volume. The crew survived by
activating the lunar module (LM) and using its systems in a “lifeboat” fashion.
At first glance, architectures with two separate crew compartments (e.g., Arch 67)
appear to provide higher crew safety because of the lifeboat option. This perception is,
however, only partially true, because it is redundancy in the power, life support, and
propulsion subsystems that saves the crew in an Apollo 13-style emergency, not
specifically the second habitable volume.
The availability of a second pressurized volume could be beneficial in the case of
a micrometeoroid or other debris strike. However, if the crew compartment with the heat
shield is impacted, the second crew compartment will only provide a benefit if it is also
equipped with a heat shield. Also, technologies are available for micrometeoroid and
debris protection which can reduce the probable severity of an impact to acceptable
levels.

- 71 -

A degree of subsystem redundancy comparable to Arch 67 could be achieved for
Arch 1 and 12 by adding backup subsystem hardware for critical systems, with due
consideration of the geometrical arrangement of the subsystems. A reference for this
approach could be the modifications carried out for the Apollo 14 Service Module to
achieve power and ECLSS subsystem redundancy. For lunar missions, the second
pressurized volume therefore does not appear to substantially enhance crew safety. It is
also important to note that in Arch 67, two pressurized volumes are available for only a
relatively short portion of the mission.
Rendezvous in Lunar Orbit
Rendezvous in lunar orbit is essential for architectures 12 and 67. It is a source of
risk because only a limited amount of lifetime and propellant is available to achieve the
rendezvous. Also, due to the need to bring the entire crew to the lunar surface in long
duration missions, only one of the two vehicles in the rendezvous is manned, as opposed
to both in Apollo. As architecture 1 does not require any rendezvous in lunar orbit, it is
clearly superior to Arch 12 and 67 regarding this factor.
Docking in Lunar Orbit
For nominal mission operations both Arch 12 and 67 require docking in lunar
orbit in addition to rendezvous; Arch 1 requires neither. For Arch 67, however, an
emergency transit in space suits from the Lander crew compartment to the orbiting CEV
could be carried out if rendezvous can be achieved but complete docking is unsuccessful.
This procedure was planned for Apollo contingencies and was partially tested during the
Apollo 9 mission. For Arch 12, however, a stable structural connection between the CEV
returning from the surface and the orbiting TEI propulsion stage has to be achieved to be
able to successfully perform the TEI burn: a successful docking in lunar orbit thus is on
the critical path for return to Earth. Arch 12 is therefore inferior to 67, which is in turn
inferior to 1 regarding docking risk. This risk could potentially be mitigated through the
provision of redundant docking adapters on the CEV and TEI stage in architecture 12.
Hardware Accessibility in the Lunar Vicinity
In Arch 12 and 67, hardware assets are left at a staging location in the lunar
vicinity, either lunar orbit or a libration point (L1 / L2). These assets have to be
controlled and maintained within operating parameters either by remote control from
Earth or autonomously for periods of several months (for the long-stay durations
associated with lunar outposts). This adds considerable risk to architectures which require
staging in the lunar vicinity. Such elements must also provide the Delta-V required for
station keeping in orbit, which is particularly high for assets in halo orbits around L1.
In Arch 1, however, all hardware is transported to the lunar surface, where it can
be inspected and potentially repaired, if required. This hardware accessibility is also the
reason for increased benefit of in-situ propellant production for Arch 1: propellant for
both the ascent and TEI could be produced on the lunar surface. In summary, Arch 1 is
superior to Arch 12 and 67 in terms of hardware accessibility. It is worth noting that the
risk analysis presented in the ESAS report for architectural comparison focused on sortie
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missions, as opposed to outpost missions. As such, this risk was not fully considered in
the ESAS comparison of architectures across their full lunar campaign use context.
Mission Risk and Crew Safety Summary
A preliminary assessment of major mission risk was performed based on four
factors for risk and crew safety: an Apollo 13-style emergency, rendezvous and docking
in the lunar vicinity, and hardware accessibility. If adequate power, ECLSS and
propulsion subsystem redundancy is provided, Arch 1 (Lunar Direct Return) dominates
Arch 67 (standard Lunar Orbit Rendezvous), which in turn dominates Arch 12
(Propulsion Lunar Orbit Rendezvous) in this preliminary risk assessment.

3.4.4 Development and Operational Cost Comparison across Lunar
Architectures
In selecting the Lunar Orbit Rendezvous mode (with the Command Module to
lunar orbit) for the Apollo Program, one of the key drivers in the decision was the need to
achieve the objectives of the endeavor rapidly with less regard to the particular funding
level required to do so. By developing a separate CM and LSAM (LM in the Apollo
terminology), the requirements on each could be focused on the individual mission
phases the element needed to support and the development of each could be decoupled.
This allowed each development to be managed independently to ensure completion on
schedule [Hansen, 1995].
While this approach did allow for the achievement of the overall mission within
the time allotted (i.e., by the end of the decade), by carrying out two parallel
developments overall program costs were increased. While this suited the objectives of
the Apollo Program, in many ways the objectives of today are opposite, with affordability
now a key driver and the schedule being shifted to fit within a “go as you can afford to
pay” style cost cap.
The present-day cost and schedule drivers point towards decreasing the cost by
developing a lunar surface-capable CM, as doing so would imply that only a single crew
compartment needs to be developed for the Crew Transportation System, as opposed to
two distinct crew compartments in the case of architectures with a separate LSAM. While
the development cost of the CEV itself may be higher due to additional requirements, the
overall development cost will be lowered by eliminating the additional LSAM crew
compartment.
The affordability benefits of having a lunar surface-capable CM go beyond
development into production as well. Eliminating the LSAM crew compartment will
eliminate the required production line and associated support infrastructure. A common
saying goes “parts attract cost” – by lowering the overall number of elements, developing
a lunar surface CM will thus lower the overall cost of the program.

3.4.5 Other Programmatic Considerations for Lunar Architectures
While developing the CEV to directly support lunar surface missions appears to
offer significant benefits, the need to provide a replacement U.S. crew transportation
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capability for the International Space Station (ISS) as promptly as practicable after the
retirement of the Space Shuttle in 2010 will also be a driver on CEV development. To
determine the impact of developing a CEV to support eventual lunar surface missions, we
performed an option cost analysis to assess the additional upfront functionality that would
need to be included in a LEO CEV to enable lunar surface missions in the future. In this
analysis, we assumed that in the initial development of the LEO CEV, consideration will
be included for its eventual Block 2 upgrade to support, at minimum, missions to Lunar
Orbit as part of a Lunar Orbit Rendezvous surface exploration architecture. As such, the
important aspect to determine currently is the impact on a Block 1 CEV of being able to
be upgraded to a Block 2 Lunar Surface CEV relative to solely being able to be upgraded
to a Block 2 Lunar Orbit CEV.
A functional analysis was performed to identify the differences between a Block 2
Lunar Surface CEV relative to a Block 2 Lunar Orbit CEV, and these functionality
differences (or deltas) were then grouped according to their impact on the Block 1 CEV
using the following categories:
Category 1: Provided in the initial CEV design for ISS missions.
Category 2: Scarred (interfaced) in the initial ISS design, and then fully integrated by
way of a block-upgrade.
Category 3: Incorporated solely by way of a block upgrade prior to lunar missions.
The effect on development cost and time determines which of these three strategies is
chosen for individual subsystem functions. The functional analysis extended one level
below subsystem functions. Functions were arranged in three groups depending if the
same, increased, or decreased functionality was needed for a lunar surface CEV
compared to a lunar orbit CEV.
Out of a total of 74 functions analyzed, 17 functions showed significant deltas
going from a lunar orbit capable CEV to a lunar surface capable CEV. Of these 17
functions, 5 would need to be incorporated directly into a Block 1 ISS CEV design
(category 1), for another 5 appropriate interfaces or ‘scars’ would have to be provided in
the Block 1 ISS CEV design (category 2) to ease the upgrade to a Block 2 Lunar Surface
CEV, and the remaining 7 functions could be incorporated solely through the upgrade to
a Block 2 Lunar Surface CEV. Figure 18 and Figure 19 provide an overview of the
functions from categories 1 and 2 respectively.

Figure 18. CEV functions required for a lunar surface CEV but not for a lunar orbit
CEV that need to be incorporated in the Block 1 ISS CEV design.
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Figure 19. CEV functions required for a lunar surface CEV but not for a lunar orbit
CEV for which interfaces need to be incorporated in the Block 1 ISS CEV design.
While a difference of 10 functions out of 74 is not negligible, it should be taken
into account that many of these functions solely involve providing partial-g functionality
in addition to 0-g functionality; while this might result in a difference in design, it is not
likely to increase development cost. Also, for crew egress and ingress on the lunar
surface, a larger door has to be provided; as a door of some size is necessary in any case
to allow crew ingress on Earth, providing a larger door is not likely to significantly
increase the cost if accounted for up-front. In contrast, modifying an existing design to
increase the door size would incur a substantial cost, which highlights the need for
including these types of considerations up-front.
The two functions with the most significant impact on the Block 1 ISS CEV
design are to provide a cockpit which can be upgraded for lunar descent and landing
operations, and to provide CEV thermal control on the lunar surface (especially around
lunar noon). The cockpit function could potentially be provided by the regular CEV
cockpit with added instruments and displays showing real-time video from cameras on
the vehicle outside. The additional thermal control could potentially be provided by an
upgraded system in the CEV Service Module (SM) in concert with an additional surface
thermal control module (plugged-in) alone; the thermal control system in the CEV
capsule, however, would have to be sized to accommodate the additional heat-flux (such
as by increasing the mass-flow in a cooling-loop). Again, this is not likely to cause an
increase in development cost, because it merely warrants a modified design, not a more
complex one.
It should be noted that the functional analysis presented in this section is
preliminary; as a comparatively large number of functions on the sub-subsystem level
was analyzed, however, the results give a good indication of the impact of preserving an
option in Block 1 for an eventual Block 2 Lunar Surface CEV. Because of the significant
life-cycle savings in development, test, fixed production and operations cost of a lunar
direct return architecture along with the associated safety and mission risk benefits, it
appears worthwhile to preserve the option of extending a Block 1 ISS CEV to a Block 2
lunar surface CEV for the time being and to study this issue in more depth. Initial
analysis suggests the option cost is acceptable.
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3.4.6 Direct Return Performance Using More Detailed Propulsion
Model and Current NASA Constellation Launch Vehicles
In order to provide a higher fidelity estimate of the performance capability of a
direct return architecture as part of NASA’s Vision for Space Exploration effort, an
analysis was performed regarding the performance capability of a lunar direct return
architecture employing the various configurations of the launch vehicles currently under
development by NASA for Project Constellation.
The analysis was performed utilizing the propulsion stage model developed as
part of the MIT lunar lander architecture study in order to provide higher fidelity
performance estimates. Payload masses for the ascent and TEI stage (i.e., the CEV CM
and relevant CEV SM ECLSS, thermal control, and power systems), were assessed over a
range consistent with estimates derived from the on-going NASA CEV design work.
Performance was considered to be surface cargo delivered along with the crew for
purposes of this analysis. Surface time was not explicitly considered – consumables to
support the crew while on the surface would make up a portion of the cargo delivered
with the crew.
Propulsion technology options initially considered included pressure-fed
hypergolics, pressure-fed methane-oxygen, and pump-fed hydrogen-oxygen. It was found
that, using the standard model developed for these propulsion systems and the input
parameters in terms of tanks pressures and specific impulses, the direct return
performance for the pressure-fed hypergolic and the pressure-fed methane-oxygen
propellants was nearly identical. The variation in total CEV mass (including ascent and
TEI propulsion) between these technologies was found to be less than 0.1%. Given this
insignificant performance difference, only the hypergolic propulsion results are shown in
the following results, although the pressure-fed methane-oxygen propulsion results would
be effectively identical.
The resulting performance is shown in Figure 20. Considerations regarding the
CEV wet mass are discussed below, followed by a discussion of the surface cargo
delivery capacities for the propellant combinations and launch options displayed.
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Direct Return CEV Mass and Surface Cargo Performance vs. Ascent and TEI Payload
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Figure 20. Results of lunar direct return performance analysis showing total CEV
mass (dashed) and resulting surface cargo delivery performance for various launch
options (solid), based upon hydrogen-oxygen (blue) and hypergolic (red) ascent and
TEI propulsion.
The dashed lines represent the total CEV wet mass, including the ascent and TEI
stage, versus the mass of the payload of the ascent and TEI stage (composed of the CEV
CM along with CEV SM systems required to support the crew, such as power, thermal
control, and ECLSS). For hydrogen-oxygen ascent and TEI propellant (blue), the CEV
wet mass ranges from approximately 20 mt at the low end of the range presented to just
under 25 mt at the high end. If such a propellant combination were chosen for the CEV, it
appears that a fully fueled CEV would likely be able to launch to LEO upon an Ares I
launch vehicle, which has a payload capacity in the 20 to 25 mt range. For hypergolic
ascent and TEI propellant (red), the total CEV mass increases significantly, to
approximately 30 mt at the low end of the range to over 35 mt at the high end. As such, it
appears unlikely that a fully fueled CEV could be launched on an Ares I to LEO for lunar
mission. For LEO missions, it is likely that significantly smaller Delta-V’s will be
required than in lunar missions, meaning that a significant quantity of propellant could be
offloaded from the CEV. This propellant offload may enable a CEV with such an ascent
and TEI stage to perform LEO missions with an Ares I launch, although it would
preclude the use of the Ares I for lunar missions (short of making use of on-orbit
propellant transfer or alternate configurations for the CEV such as launching it without
the full ascent and TEI stage).
The solid lines show the surface cargo performance for the various combinations
of CEV propellant options and launch approaches. With hydrogen-oxygen propellant in
the CEV, the 2 launch and 1.5 launch options all have sufficient performance to support
robust surface missions. In the two launch, two EDS case the cargo delivered with a
hydrogen-oxygen CEV is in the same range as a single launch dedicated cargo delivery
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mission. With a low mass CM, hydrogen-oxygen CEV marginal performance may be
possible. It is likely however that this performance is too low to enable robust sortie
missions, particular once boil-off considerations are taken into account. As such, it
appears that the hydrogen-oxygen CEV would be well suited for a 1.5 launch direct
return lunar mission. Boil-off and general issues associated with the use of hydrogenoxygen propellants would be the major obstacle with such an approach. Moving to
hypergolics in the CEV, it appears that 2 launches with 2 EDS for Earth departure are
required in order to have a reasonable performance with direct return. The performance in
this case is also quite robust. In assessing the use of a hypergolic direct return system, the
major question will be regarding the cost of the 2 launch approach required for
hypergolic direct return relative to the 1.5 launch LOR baseline approach.

3.4.7 Lunar Operational Transportation Architecture Summary
Overall it appears that a direct return architecture would be possible by either
employing hydrogen-oxygen propellants in the CEV or by shifting from the baseline 1.5
launch approach to a 2 launch approach. If a direct return architecture is selected, it does
not appear that a single launch lunar approach to lunar crewed missions is practical with
the current CEV size, eliminating the benefits of single launch discussed in the previous
section. While it is possible that a direct return architecture would decrease development
cost through reducing the number of elements that must be developed, it does not appear
that there is a sufficiently strong motivation for NASA to shift from its current baseline
mission architecture, in particular given the investments NASA has already made to date
in systems designed around the LOR approach. As such, we are not recommending a
change to the baseline in-space operational architecture.
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3.5 Lunar In-Situ Resource Utilization
Lunar in-situ resource utilization has been offered as a means of increasing the
cost effectiveness of lunar exploration activities. We identified the use of local resources
in general as being a potential affordability strategy in Chapter 2. The previous section
also showed the effect ISRU could have on IMLEO’s for a variety of lunar operational
architectures (using a first order model). This section discusses lunar ISRU more
specifically and provides a preliminary assessment regarding its impact on exploration
affordability.
A variety of uses of local lunar resources have been proposed ranging in
complexity from using unprocessed regolith for radiation shielding to creating building
materials such as metals, ceramics, and glass [Eckart, 1999]. The focus of this section is
upon two intermediate complexity uses, the production of life support consumables (InSitu Consumables Production, ISCP) and propellants (In-Situ Propellant Production,
ISPP). The use of regolith as a shielding material appears to hold much promise, and
there is both less debate over whether it should be used and lower technology
development required in order to make use of it, as compared to other forms of lunar
ISRU. Conversely, the utilization of lunar resources for construction materials will
require significantly more investment in terms of the systems to both produce the
construction materials and utilize them. It appears unlikely that such an investment will
be worthwhile given the scale of activities proposed for NASA’s lunar exploration
endeavor. As such, we see In-Situ Consumables Production and In-Situ Propellant
Production as intermediate investment options which could offer a return on investment
within the scope of NASA’s lunar activities, but are in need of additional scrutiny.
It is worth noting that in order to establish a permanent and growing human lunar
presence, such as in a lunar colony, high degrees of in-situ resource utilization will
almost certainly be required in order to decrease the amount of material that must be
transported from Earth. While this is true, and investments that lead towards higher
degrees of ISRU would thus support the establishment of lunar settlements, neither the
Vision for Space Exploration nor NASA’s charter call for the establishment of such
colonies. NASA’s focus in lunar exploration is to prepare for further human exploration
to other destinations, in particular Mars.
In regards to lunar ISCP and ISPP, two major alternatives exist for how to go
about gathering the required resources. The first, which is applicable across the entire
Moon, although with varying degrees of difficulty, involves the extraction of oxygen
from regolith. Oxygen is known to make up a significant fraction by mass of the lunar
regolith, although it is chemically bound with other elements and as such significant
energy is required in order to extract it [Eckart, 1999; Larson, 2000]. A wide variety of
processes exist for extracting regolith, with varying yields, energy requirements,
engineering difficulty, and required feedstock characteristics. The second involves the
extraction of water from ice deposits which might exist in permanently shadowed craters
at the lunar poles. There is a high degree of uncertainty regarding whether water ice
exists at all on the Moon and, if it does, in what form, concentration, and location.

- 79 -

Furthermore, if ice does exist, accessing it in the darkness and very low temperatures
(~40 K) of the permanently shadow craters will present unique engineering challenges.

3.5.1 Potential Benefit of Lunar ISCP and ISPP
In order to determine whether a technology investment is worthwhile, it is useful
to first assess the benefit that could be provided if the technology were available. In the
case of ISCP and ISPP, the benefit provided by an ISRU system once in place would be a
reduction in the mass of consumables and propellants that would need to be delivered to
the lunar surface, offset by any material to support the ISRU system (such as feedstocks)
that must be delivered from Earth, along with associated packaging in both cases.
The degree of loop closure in the Environmental Control and Life Support System
(ECLSS) will impact the amount of consumables required and thus the potential benefit
offered by ISCP. Table 21 presents the consumables required under low closure and high
closure ECLSS scenarios based upon a 180 day surface mission with 4 crew (180 * 4 =
720). The low closure scenario is representative of little to no closure in the oxygen and
water loops, while the high closure scenario is representative of 70% closure for oxygen
(i.e., 70% of the oxygen is recycled on each pass) and 85% closure for the ECLSS water
loop. Water requirements for EVA cooling are also presented, although are not impacted
by closure rates (as the water is evaporated and released to the vacuum of space in the
process of cooling EVA suits). The number of EVAs presented is consistent with each
crew member conducting one EVA every three days (180 * 4 / 3 = 240). [Eckart, 1999;
Larson, 2000]
Table 21. Consumables requirements for low and high closure life support systems.
Consumables Required Low Closure
High Closure Units
ECLSS Oxygen
0.84
0.25 kg/crew-day
ECLSS Water
10.35
1.55 kg/crew-day
#Crew-days
720
720 crew-day
EVA Cooling Water
4
4 kg/EVA
#EVAs
240
240 EVA
Total Water
8412
2078 kg
Total Oxygen
605
181 kg
In addition to the consumables themselves, packaging is required in order to
transport the consumables to the surface of the Moon. Table 22 shows the packaging
factors assumed for this analysis, defined as the total mass of the consumables with
packaging divided by the mass of the consumables without packaging. Both oxygen and
hydrogen (when required), are assumed to be transported as cryogenic liquids in the
LSAM descent stage propellant tanks. As such, the packaging factors are the marginal
packaging factors given that large cryogenic tanks already exist to transport those liquids.
For the nominal case without ISCP, the required water and oxygen must be transported to
the lunar surface and these packaging factors are assumed. In the lunar oxygen ISCP case
(i.e., when oxygen is extracted from the regolith for consumables), oxygen clearly does
not need to be transported. In this case however, rather than transporting water, it is
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advantageous to instead transport hydrogen and react it with locally produced oxygen in
order to generate water (as hydrogen makes up only 1/9th the mass of water). In the case
of lunar water ISCP (assuming polar ice deposits are available), none of the consumables
presented here are transported.
Table 22. Mass-based packaging factors on consumables delivered to the lunar
surface.
Packaging Factor
1.1
Water (Liquid)
1.3
Oxygen (Cryogenic)
1.4
Hydrogen (Cryogenic)
In order to analyze ISPP, the ESAS LSAM ascent stage was used as a reference.
The ascent stage includes 4,715 kg of propellant. Given the lack of carbon on the Moon
and the difficulties in synthesizing methane even with imported carbon, ISPP is only
assumed to eliminate the need to deliver the ascent stage oxygen. Given the ESAS
oxidizer to fuel mixture of 3.6, a total of 3,690 kg of oxygen is stored in the ascent stage.
This figure then represents the benefit in decreased surface mass delivered that can be
derived from ISPP. No oxygen packaging is accounted for in this case, as it is assumed
that the oxygen tanks must be transported in either case (with or without ISPP), and no
redesign was not conducted to make use of the ascent tanks during descent.
The assumption of using the ESAS LSAM magnifies the benefit of ISPP in a
number of ways. Firstly, the ESAS LSAM features a larger ascent stage than it appears
NASA is currently envisioning [NASA, 2006b], meaning that a greater ascent propellant
load is carried in the ESAS (which can thus be offset by ISPP) than is likely. Secondly,
there are indications that the LSAM ascent stage will make use of storable hypergolic
propellants, as opposed to methane-oxygen. Traditional hypergolic propellants would
remove the ISPP option in entirely. In order for ISPP to be used on the Moon, oxygen
must be used as an ascent propellant (there are a variety of propellant options beyond
methane-oxygen including hydrogen-oxygen, ethanol-oxygen, ethane-oxygen, hydrazineoxygen, etc.).
The benefit provided by ISPP is also offset by risk increases not seen in the use of
ISCP. By having crew descend and land without ascent propellant, ISPP eliminates many
descent abort options. The use of ISPP also requires the successful complete filling of the
ascent stage in order for the crew to use it as part of their return to Earth. While this could
be mitigated through having a back-up, pre-filled ascent stage present, a sizeable risk still
exists. In contrast, given that a consumables cache will be present at all times, ISCP will
in no way decrease crew safety. (ISCP can actually increase crew safety by allowing
longer than anticipated stays to be safely conducted in case of a situation where return or
resupply is delayed.) In addition, ISCP can offer incremental benefits even with an ISRU
system that is only partially functioning. In the worst case, a failure in a lunar ISCP
system would result in decreased surface stay for the crew. In practice, such a failure
could be mitigated through increasing the resupply flight rate, rather than curtailing lunar
operations.
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Table 23 presents a breakdown of the material that must be delivered and the
resulting benefit that can be gained through the use of ISCP and ISPP under the low and
high closure scenarios for either lunar oxygen or lunar water based ISRU. Given the risk
differential discussed above, and given that ISPP is no easier to conduct than ISCP, we
investigate options where ISCP is used alone and where both ISCP and ISPP are used,
but not where ISPP is used by itself. The maximum benefit of ISCP in terms of reduction
in delivered mass for a 6 month crew rotation ranges from just over 2 mt in the high
closure case to just over 10 mt in the low closure case. As such it can be seen that the
closure rate will have a major impact on the benefit to be offered by ISCP. For ISCP and
ISPP, the benefit ranges from approximately 6 mt to close to 14 mt, showing the impact
of providing the ascent oxygen from local resources (assuming the ESAS LSAM design.)
Table 23. Breakdown of consumables and propellants to be delivered to the lunar
surface and resulting maximum benefit from ISRU for a series of scenarios.
No
O2
H2O
O2 ISCP H2O ISCP
[kg]
ISRU ISCP ISCP
& ISPP
& ISPP
Low Closure
Ascent O2
3,690
3,690
3,690
0
0
Breathing O2
786
0
0
0
0
O2 in Water
8,225
0
0
0
0
H2 in/for Water
1,028
1,309
0
1,309
0
Total Mass
13,729
4,999
3,690
1,309
0
Max Benefit
0
8,731 10,039
12,421
13,729
High Closure
Ascent O2
Breathing O2
O2 in Water
H2 in/for Water
Total Mass
Max Benefit

3,690
236
2,032
254
6,211
0

3,690
0
0
323
4,013
2,198

3,690
0
0
0
3,690
2,521

0
0
0
323
323
5,888

0
0
0
0
0
6,211

Table 24 below presents ratio of the benefit that can be achieved with lunar
oxygen ISRU over the benefit of lunar water ice ISRU as a percentage. This can be a
useful metric in terms of determining the importance of lunar water ice as a resource.
Regolith based lunar oxygen production can provide between 87% and 95% of the
benefit of lunar water ice based ISRU. As such, it does not seem that the limited and
uncertain lunar ice deposits would be significantly more valuable than the ubiquitous and
well known lunar regolith resources from a benefit perspective.
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Table 24. Benefit of lunar regolith based oxygen extraction ISRU relative to benefit
of lunar water ice based ISRU.
High Closure
Low Closure
87%
87%
ISCP
95%
90%
ISCP & ISPP

3.5.2 “Zeroth Order” Analysis of ISRU Production Systems
The analysis described above determined that the majority of the benefit of lunar
water ice based ISRU could also be obtained through the use of lunar regolith based
oxygen extraction, once systems for the production were in place in both cases. In order
to further compare the usefulness of each resource, we decided to investigate the
challenges involved in emplacing these systems. The analysis was a rough order of
magnitude (“Zeroth Order”) analysis of the mass of ISRU systems extracting either water
from lunar ice or oxygen from the lunar regolith. In reality a number of factors will
impact the choice of approach that have not been investigated here, including particular
system complexity and other engineering development challenges to be faced by each.
Given the relatively high uncertainty of the mass of the system and the limited
detail in this analysis, an attempt was made to determine a series of parameters that could
be used to bound the overall mass of the system in each case. By computing system
masses with a combinatorial space of high, medium, and low values of these parameters,
a range of systems masses could be determined, and the fraction of systems having a
mass under a given value found. In selecting the parameters for the analysis, the system
was assumed to be sized linearly with production rate. As such, the computed metric was
the system mass divided by production rate. In determining the system mass, the ISRU
system was considered to be composed of two major elements, the
extraction/beneficiation element, which gathered the required resource and potentially
increased the abundance of relevant ores, and the processing element, which converted
the raw lunar resource into the relevant products desired (i.e. oxygen and/or water). In
addition to the mass of these major elements, the energy required to operate them was
converted into an equivalent power system mass. The values for the parameters were
based upon a review of previous studies [Eckart, 1999; Larson, 2000; NASA, 2005a] and
engineering judgement. The range in value of each parameter was based upon the
perceived uncertainty in the parameter. The parameters for the regolith oxygen extraction
system were based upon an assumed hydrothermal reduction process operating anywhere
on the lunar surface. Table 25 provides the values of each of parameters used in this
analysis.
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Table 25. Parameter values used in ISRU system analysis.
Duty
cycle

Recoverable
resource
content per
tonne
regolith

[-]

[mt / mt]

Extraction /
beneficiation
mass per
tonne
regolith per
day
[mt / mt /
day]

Processing
mass per
tonne
regolith
per day
[mt / mt /
day]

Extraction /
beneficiation
energy
[kWh-e] per
tonne
regolith
[kWh-e /
mt]

Processing
energy
[kWh-e]
per tonne
regolith

Tonnes
Mass
per
kW-e

[kWh-e /
mt]

[mt /
kW-e]

Regolith
Oxygen
Extraction
Pessimistic
Mid-Range
Optimistic

0.3
0.4
0.5

0.010
0.025
0.050

1.00
0.50
0.25

12.50
5.00
2.00

250
50
10

100
70
50

0.20
0.10
0.05

Polar
Water
Extraction
Pessimistic
Mid-Range
Optimistic

0.3
0.5
0.7

0.003
0.010
0.030

2.00
1.00
0.50

3.00
1.00
0.30

500
125
40

250
50
10

0.20
0.10
0.05

Figure 21 shows the results in terms of the cumulative percent of ISRU systems
(for either lunar water ice or lunar oxygen) with a system mass to annual production ratio
less than the factor along the x-axis. Given the nature of this analysis as a rough order of
magnitude estimate of the system mass, it would appear that there is no significant
difference between systems extracting oxygen from regolith or water from lunar polar
ice. As such, the determination of which system would be preferred would need to be
considered on a basis other than mass and/or a higher fidelity system mass estimate
would be required. It is interesting to observe that, within the limits of this analysis, only
approximately 25% of systems produce their own mass or more of useable resource in
one year, and only about 50% of systems produce their own mass or more of useable
resource in 2 years. As such, it appears that a significant period of time may be required
for an ISRU system to pay-back the investment in it from a delivered mass perspective
alone. The true monetary pay-back of the ISRU system would thus be even longer, as it
would need to account for the development, fabrication, and operating costs of the ISRU
system as well.
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Percent of Systems with (System Mass) / (Annual Production)
Less than Given Factor for ISRU Resource Types
100%
Cumulative Percent of Systems

90%
80%
70%
60%

Better

50%
40%
30%
20%

Lunar Oxygen

10%

Lunar Water Ice

0%
0

0.5

1

1.5

2

2.5

3

3.5

4

4.5

5

(System Mass) / (Annual Production)

Figure 21. Cumulative percent of systems with system mass to annual production
less than or equal to given factor for regolith based oxygen and water ice ISRU.

3.5.3 Lunar In-Situ Resource Utilization Summary
The full assessment of lunar ISRU would need to take place within the context of
an overall lunar exploration campaign. Further discussion of lunar campaigns is included
in Chapter 5, although without detailed investigation of the impact of ISRU. In total, we
have the following observations regarding lunar ISRU:
1)
ISPP does not appear likely given accompanying risk and current LSAM
ascent propellant option trends, but is necessary in order to have a significant
payback for ISRU in high ECLSS closure scenario
2)
Payback of ISCP system is uncertain within timeframe of lunar campaign
3)
Lunar ISRU does not have relevance towards Mars exploration (see the
Moon-Mars commonality discussion in Section 4.3)
Based upon these observations, we call into question the use of ISRU as part of
the lunar campaign, and the investment in lunar ISRU systems. We would recommend
investments be made in high closure life support systems prior to investing in lunar
ISRU, as high closure life support systems provide significant benefit and would have the
greatest applicability towards Mars exploration. If lunar ISRU systems are pursued, we
would recommend that such investments be focused on regolith oxygen extraction
processes, as these provide almost as much benefit with a ubiquitous, known, and well
characterized resource when compared to water ice extraction process using a limited,
uncertain, and uncharacterized resource.

- 85 -

4 Affordability Considerations for Human Mars
Missions
This chapter discusses particular factors which should be considered in
conducting human Mars exploration in an affordable manner. Rather than focusing on a
specific Mars architecture, the analysis presented here is aimed at providing insights
across Mars exploration more generally. An overview of the operations and systems
required to support a human mission to Mars is presented, followed by more in-depth
investigation of certain mission aspects. An overview of the topics and associated
affordability strategies presented in this chapter is included in Table 26.
Table 26. Chapter 4 topics and associated affordability strategies.
Topic
Relevant Affordability Strategies
Mars Transportation Architecture Pathways Mostly N/A, some Efficient and Minimal
Mars Mission Launch and Earth Departure Extensibility, Minimal, Technology
Strategy
Avoidance
Moon and Mars Exploration System
Extensibility, Platforming
Commonality
This chapter includes three sections, covering each of the three topics in Table 26.
Section 4.1 examines potential transportation architecture pathways for human Mars
missions, with an eye towards efficient and minimal pathways, in order to inform the
remainder of the analysis in this chapter. Section 4.2 examines strategies for Earth launch
and departure for human Mars missions, including a comparison of hydrogen-oxygen
propulsion relative to advanced propulsion options for trans-Mars injection. We find that
the Ares V currently under development by NASA, including its hydrogen-oxygen Earth
Departure Stage can provide significant trans-Mars injection payload capacity. It does not
appear that advanced propulsion, such as nuclear thermal rockets, is required for Mars
missions to be feasible. Section 4.3 examines the use of commonality between Moon and
Mars exploration, providing an overview of the benefits that can be derived from
including commonality and the feasibility of doing so. We find that there are significant
cost and schedule benefits attendant upon Moon and Mars exploration system
commonality. We also show a number of approaches that can be used to make such
commonality quite feasible.
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4.1 Mars Transportation Architecture Pathways
This section identifies possible pathways from the Earth to Mars and back for
transportation elements making up a human Mars mission. The most likely pathways for
the primary mission and abort options are identified and a mapping of major Mars
systems mission phases is provided. The results from this analysis serve as options for the
analysis of Mars exploration system transportation architectures. These results are
employed in the remainder of this chapter.

Earth Surface

Earth Surface

Earth Orbit

Earth Orbit

Earth-Mars Transfer

Mars-Earth Transfer

Earth-Mars Transfer

Mars-Earth Transfer

Mars Orbit

Mars Orbit

Mars Surface

Mars Surface

Possible mission pathway

Likely primary mission pathway
Potential abort pathway
Unlikely pathway

Figure 22. Possible pathways for elements on a human Mars mission.
Figure 22 shows possible pathways for mission elements traveling from Earth to
the surface of Mars and back. Beyond the origin and destination locations of the surfaces
of the Earth and Mars, a series of intermediate locations are shown: Earth orbit, Mars
orbit, and Earth-Mars and Mars-Earth transfers. While these are not strictly “locations” in
the sense of a particular point in space, they are useful to consider as locations for human
missions planning, and represent relatively steady-state operating conditions for the
active systems. These locations are distinct from the transitions from location to location
in that an element could spend considerable amount of time at one of these locations
(from days to months or even years), depending upon the specific needs of the mission,
whereas the transitions presented will typically be quite rapid, on the order of an hour or
less1. In general, the method of transitioning from location to location will dominate the
1

An exception to this would be with the use of low thrust electric propulsion, where the transition from an
initial Earth orbit to the final Mars transit orbit could be quite long. In this case it may be worth including a
more detailed assessment of the particular “locations” and the pathway joining them.
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propulsive (and aeroassist) aspects of a human Mars mission, while the time spent at the
various locations will tend to size the crew support requirements. In certain instances,
crew support requirements for facilitating the transitions from location to location will
also have an impact on the architecture. Distinct elements could potentially join-up
(rendezvous) or split apart at the locations identified here. While splitting apart during a
transition would be quite feasible, joining together would be significantly more
challenging given the tight timing and trajectory constraints involved in doing so.
The left portion of Figure 22 contains all of the potential links between the
locations under consideration, while the portion of the figure at right highlights those that
are more likely as primary mission pathways (and possibly as part of an abort path), those
that are likely only as abort pathways, and those that are unlikely. A discussion of each
follows, starting from the Earth surface.
Elements departing the Earth’s surface could either ascend to Earth orbit or
transition directly to an Earth-Mars trajectory without stopping over in Earth orbit. While
both are possible, the tendency would be towards stopping in Earth orbit. Stopping in
Earth orbit likely adds a restart requirement to a propulsion stage otherwise designed for
direct insertion to Mars, while enabling system check-out, departure window phasing,
and the option for rendezvous with other elements prior to committing to Mars transfer.
Once in Earth orbit, if systems were to fail in a manner that could not be rectified,
an abort option to the Earth’s surface could be employed; thus that transition is
highlighted as a potential abort pathway. This abort may also be used in the case of a
failure during a transition from Earth orbit to Earth-Mars transfer. Nominally though,
assuming no reusable launch elements, Mars mission elements in Earth orbit would
transition to an Earth-Mars transfer, rather than returning to the surface of the Earth.
While on an Earth-Mars transfer, situations may arise that would warrant a return
to Earth without stopping over at Mars. In order to allow for such a situation, a transition
from an Earth-Mars transfer to what is effectively a Mars-Earth transfer could be
included as an abort option [Wooster, 2006]. Assuming that cycling elements are not
employed (i.e., elements that remain in interplanetary space across missions
[McConaghy, 2002]), it is unlikely that an element would transition from an Earth-Mars
trajectory to a Mars-Earth trajectory other than in this abort case. For arrival at Mars, the
most likely approach would be to stop-over in orbit rather than descend directly to the
surface. A stop-over enables a system checkout prior to landing and potential phasing to
avoid atmospheric conditions at landing such as a dust storm. This is in contrast to
present-day robotic Mars missions where direct entry and descent is employed.
Depending upon the system design, however, it may be possible to include an abort
option that enables an element (in particular one containing crew) to land on the surface
without obtaining orbit first. This could provide for a mitigation option to certain failures
in a Mars orbit capture system, an example of which would be an aerocapture system
shedding too much energy during capture, necessitating a landing without first stopping
in orbit. As such, an abort pathway has been identified as leading from Earth-Mars
transfer to the Mars surface.
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The two pathways from Mars orbit (to Mars surface and to Mars-Earth transfer)
are both potential paths for elements on a nominal mission. The Mars orbit to Mars-Earth
transfer pathway could also be used in an abort situation if a landing is not undertaken.
For returning from the surface of Mars, the most likely path is to stop over in
Mars orbit. Even in a direct return system that does not rendezvous with elements in Mars
orbit, the benefits of departure window phasing and system check-out would likely make
a stop-over in Mars orbit preferred over directly injecting into a Mars-Earth transfer from
the surface of Mars. As in the Earth departure case, adding a stop-over in Mars orbit
would likely add a propulsion system restart to a system otherwise designed for direct
injection.
From a Mars-Earth trajectory, either as a result of an abort or a nominal mission,
the arrival at Earth would likely be preferred to be a direct descent to the surface. This
will tend to be simpler than operations that first involve a stop-over in Earth orbit and
does not tend to have significant downsides (although it would tend to constrain return
timing somewhat depending upon landing site). As compared to Mars, the Earth
atmosphere is relatively stable and well characterized, meaning that the “dust storm”
rationale for stopping in Mars orbit does not apply in this case. That being said, it may be
worth considering an option to abort to Earth orbit. This may be due to a system failure,
or possibly as a consequence of an earlier abort (e.g., Earth-Mars transfer aborting to
Mars-Earth transfer) resulting in a system that is unable to land on Earth. If an abort to
Earth orbit was performed, the crew could potentially be rescued by an independently
launched mission specifically for that purpose.
Based upon the considerations above, it appears that elements in a Mars mission
will be required to at minimum support the following pathway2:
1) ES->EO->EMT->MO->MS->MO->MET->ES
To facilitate surface activities or Earth return, certain elements might also take the
following pathways:
2) ES->EO->EMT->MO->MS
3) ES->EO->EMT->MO->MET->ES
Abort considerations could also lead to some or all of the following pathways:
4) ES->EO->ES
5) ES->EO->EMT-> MET->ES
6) ES->EO->EMT-> MET->EO (followed by rescue mission)
7) ES->EO->EMT->MO->MS->MO->MET->EO (followed by rescue mission)
8) ES->EO->EMT->MO->MET->EO (followed by rescue mission)
While not explicitly shown here, certain elements could also be expended along the way
to facilitate the transfer of elements along these pathways.
The requirements on systems in a Mars architecture will be determined in part by
what pathway segments each system must be active for. In this context we term a
pathway segment a phase, which is either steady-state operation at a location or dynamic
2

One way Mars missions, in which the crew does not return from Mars, are not considered in this analysis.
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operation during a transition from location to location. Each system will be active for
one or more phases. Based upon an examination of the likely pathways and an
investigation of the characteristics associated with each phase, a table was assembled
regarding major systems required for human Mars missions and their mapping to
particular phase. The elements required to support operations on Earth Surface are not
included. In developing the mapping of Mars systems to phases it was assumed that at
least one system was required to be active to support the crew during every phase.

x
x

?
?
?

x

?
?
?

x

x

x

MET->ES

MET

x

MO->MET

MO

x

MO

EMT->MO

x

MS->MO

EMT

x

MS

EO->EMT

x

MO->MS

EO

Major Mars Systems and Phases
In-space and Surface Habitation
Ascent Crew Compartment
Crew Earth Ascent and Entry Vehicle
Earth Launch and Departure Propulsion
Mars Aero-systems
Descent and Landing Systems
Mars Ascent and Departure Propulsion
Surface Exploration Systems
Surface Power Systems
ISRU Systems

ES->EO

Table 27. Major systems required for Mars missions and their mappings to Mars
mission phases. ‘x’ indicates system would be used during this phase, ‘?’ indicates
system might be used during this phase. Systems shown in yellow may be split into
multiple systems in certain Mars architectures. Systems shown in gray may not be
required in certain Mars architectures.

x

x
x

x
x
x

x

x
x
?

Table 27 shows the resulting systems mapped to phases. In the table, the systems
are grouped into three families. The first family, composed of three systems, is involved
in supporting the crew, and as such at least one system in this family must be active
during each phase. The second family is used exclusively for transitioning from one
location to another, and as such is utilized in every second phase. It should be noted that
the “Crew Earth Ascent and Entry Vehicle” could also be considered as part of this
family as it also executes the transition from MET to ES, in addition to supporting the
crew during the transition. The third family is composed of systems that are used
exclusively on the surface of Mars.
In creating this mapping of major Mars systems and phases, a number of
assumptions were made beyond those already highlighted in the Mars mission pathway
discussion. The assumptions were as follows:
1)
A separate Earth ascent and entry vehicle would be used to support the
crew during those phases, but would otherwise not support the crew
during lengthy operational periods. Based upon NASA’s current
development plans this vehicle would likely be the CEV. It is
conceivable that this vehicle could also be used to support the crew
during the short periods associated with Mars descent and ascent.
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2)

3)

4)

5)

6)
7)

Aerocapture would be used to enter Mars orbit. While propulsive
capture is a potential alternative, propulsive capture tends to result in
significant mass increases as compared to aerocapture. It is likely that
the incremental cost of developing systems for Mars aerocapture will be
relatively small given that systems for Mars atmospheric entry will be
required in any case.
A single system design (possibly in multiple instances or variants)
could support all of the phases indicated for the in-space and surface
habitation systems. In certain Mars architectures, the functionality
associated with this system could be split across multiple distinct
system designs in order to increase overall system efficiency.
A single system design (made up of multiple elements and possibly in
multiple instances or variants) would support both Earth ascent and
trans-Mars injection propulsion requirements. In some architectures this
functionality may be split into two distinct system designs.
Variants of a single system design could be employed for both Mars
ascent and trans-Earth injection. In some architectures this functionality
may be split into two distinct system designs.
Power for all phases with the exception of the Mars surface phase is
provided as part of the crew support system.
In-situ resource utilization can only be employed on the surface of Mars
(as opposed to in Mars orbit, for example).

By examining each of the systems identified above and investigating how they
behave, it may be possible to identify techniques for more affordably conducting Mars
missions. The approach used in developing the listing of systems aimed to minimize the
number of systems required, which is one approach to increasing affordability. The next
section in this chapter examines the systems required for transportation from Earth to
Mars in further detail. The subsequent section discusses considerations regarding the
inclusion of commonality between the designs of lunar and Mars exploration systems in
order to further increase affordability.
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4.2 Earth Launch and Departure System Design
Transferring people and cargo from the surface of Earth to the surface of Mars is
a challenging undertaking that clearly must be successful in order for any human Mars
mission to proceed forward. Systems are required for Earth launch, trans-Mars injection,
supporting the crew during the Earth-Mars coast, Mars orbit capture, and Mars entry,
descent, and landing. The major drivers associated with each of these systems are as
follows:
• Earth Launch and Departure Systems are driven by the total payload which
must be launched towards Mars and the Delta-V associated with the required
Earth-Mars transfer trajectory.
• In-Space Habitation Systems are driven by crew size and the duration of the
Earth-Mars transfer trajectory.
• Mars Aero-Systems for Mars orbit capture and Mars entry and descent are
driven by the payloads they must support and the Mars atmospheric entry
velocities of the Earth-Mars transfer trajectories they must withstand.
• Mars Landing Systems are dependent upon the payload they must deliver to
the surface and the state (velocity and altitude) at which they must begin
operation.
This analysis focuses on the Earth Launch and Departure aspect, although with
considerations regarding the other systems as well. NASA intends the Ares V launch
vehicle currently under development to support the heavy lift launch requirements of
human missions to Mars. This analysis assumes the Ares V for Earth launch while
investigating a variety of couplings between the Earth launch and Earth departure aspects
of a human Mars mission.
Options for Earth departure include the use of conventional hydrogen-oxygen
propulsion, the technologies for which exist and have been used in systems at relevant
scales (e.g., Saturn V), and the use of various advanced technologies that have not been
used in systems at relevant scales to date, including nuclear thermal rockets (NTR),
nuclear electric propulsion, and solar electric propulsion. NASA-proposed Mars mission
designs frequently utilized advanced propulsion options [Hoffman, 1997; Drake, 1998,
NASA 2005a]. The higher specific impulses associated with the advanced propulsion
options tend to decrease the total mass which must be launched into Earth orbit to support
a Mars mission, at the expense of requiring additional technology development and more
complex in-space systems.
If advanced technologies are avoided, it may be possible to simply use the Earth
Departure Stage from the Ares V under development for NASA’s lunar program for
Earth Departure for Mars missions. In such a case, not only is technology development
avoided, but also the development of an entire system (along with associated production
and operations infrastructure). We thus assess the performance differences between
conventional and advanced propulsion options in order to determine what benefit could
be derived from the use of advanced propulsion for Mars missions. Analysis during the
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Draper-MIT Concept Exploration and Refinement study indicated that nuclear thermal
rockets (NTR) provided the greatest benefit of the advanced propulsion options [Draper,
2005]. As such, NTR serves as an example for advanced propulsion in this analysis,
although other technologies could also be employed.
The relevant Delta-V’s for trans-Mars injection from a 400 km circular low Earth
orbit are presented in Table 28. The data were computed by MIT graduate student
Jaemyung Ahn, using a trajectory model developed as part of the Draper-MIT CE&R
study and described in Wooster, 2006. The minimum Delta-V’s in each opportunity
(within the data range) are presented to provide a reference for the most benign transfer
for each opportunity. To design a system, however, the maximum (worst-case) Delta-V
across opportunities for a given transit time, or the maximum of the minima if transit time
is unimportant, is more useful. This information is presented in the right-most column.
The blue highlighted Delta-V’s are those that would be within the capability of a system
designed around the maximum of the minima.
Table 28. Table of Delta-V’s for trans-Mars injection from 400 km circular low
Earth orbit across range of mission opportunities from 2020 to 2037 and transit
times from 120 to 270 days. The minimum Delta-V within this data set in each
opportunity is highlighted in orange and tabulated in the bottom row. The
maximum Delta-V for a given transit time is tabulated in right-most column,
including the maximum of the minimum Delta-V’s for each opportunity. Delta-V’s
that are lower than the maximum of minimum Delta-V’s are presented in blue.
Earth Departure Delta-V [km/s]

2020

2022

2024

2026

2028

2031

2033

2035

2037

Max

Fast Conjunction (120 day outbound)

4.18

4.78

5.11

5.06

4.95

4.21

3.84

3.96

4.56

5.11

Fast Conjunction (130 day outbound)

4.04

4.56

4.81

4.74

4.51

4.00

3.73

3.85

4.37

4.81

Fast Conjunction (140 day outbound)

3.95

4.38

4.58

4.49

4.22

3.86

3.65

3.78

4.23

4.58

Fast Conjunction (150 day outbound)

3.87

4.25

4.40

4.30

4.04

3.75

3.60

3.72

4.13

4.40

Fast Conjunction (160 day outbound)

3.82

4.16

4.27

4.16

3.91

3.67

3.56

3.68

4.05

4.27

Fast Conjunction (170 day outbound)

3.78

4.08

4.16

4.04

3.81

3.61

3.54

3.65

3.99

4.16

Fast Conjunction (180 day outbound)

3.76

4.03

4.08

3.95

3.73

3.58

3.54

3.63

3.95

4.08

Fast Conjunction (190 day outbound)

3.75

4.00

4.02

3.88

3.67

3.56

3.55

3.62

3.92

4.02

Fast Conjunction (200 day outbound)

3.75

3.98

3.98

3.82

3.62

3.58

3.56

3.62

3.92

3.98

Fast Conjunction (210 day outbound)

3.77

3.98

3.96

3.78

3.59

3.66

3.58

3.63

3.93

3.98

Fast Conjunction (220 day outbound)

3.82

4.00

3.95

3.75

3.57

3.81

3.60

3.67

3.97

4.00

Fast Conjunction (230 day outbound)

3.90

4.05

3.96

3.72

3.59

4.00

3.61

3.74

4.03

4.05

Fast Conjunction (240 day outbound)

4.01

4.12

3.98

3.71

3.74

4.03

3.60

3.87

4.11

4.12

Fast Conjunction (250 day outbound)

4.15

4.21

4.03

3.70

3.72

3.88

3.59

4.03

4.22

4.22

Fast Conjunction (260 day outbound)

4.32

4.32

4.09

3.68

3.67

3.77

3.56

4.04

4.35

4.35

Fast Conjunction (270 day outbound)

4.33

4.44

4.16

3.65

3.62

3.69

3.52

4.05

4.49

4.49

Min

3.75

3.98

3.95

3.65

3.57

3.56

3.52

3.62

3.92

3.98

We compared the trans-Mars injection performance of a NTR system employing
either one or two Ares V launches to a conventional hydrogen-oxygen propulsion system
employing either one or two Ares V launches. In the conventional propulsion case, only
the Earth departure stages of the Ares V’s are employed, no additional stages are
involved. The four launch configurations under consideration in this analysis are shown
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in Figure 23, with blue denoting payload, red denoting nuclear thermal stages, and gray
denoting an EDS fairing (for an EDS launched without payload).
1 Ares V, H2/O2

2 Ares V, H2/O2

1 Ares V, NTR

2 Ares V, NTR

Ares V EDS

Ares V
Core & SRBs

Blue = Payload; Gray = EDS Fairing; Red = Nuclear Thermal Stage

Figure 23. Depiction of launch configurations in trans-Mars injection analysis. Blue
denotes payload, red denotes a nuclear thermal stage, and gray denotes a fairing for
an EDS launched without payload. Note: All configurations include one EDS with
each Ares V; H2/O2 propulsion options do not contain additional stages.
The trans-Mars injection performance of these launch configurations is presented
in Figure 24. The conventional (H2/O2) propulsion options were modeled using the
method detailed in Appendix A, with the 2 Ares V case assuming a staged departure
employing both Earth departure stages. The dual-launch NTR case had the NTR stage
limited by the LEO payload capacity of the Ares V with EDS, and computed the
maximum associated payload. The modeling of the NTR stages in both the single and
dual launch NTR cases employed a structural factor of 0.5 (stage mass / propellant mass)
and an Isp of 910 s, based upon a likely structural factor for a hydrogen only stage and
the specific impulse NASA has predicted for NTR stages they are considering
developing. It is worth noting that the structural factor one would find with a NTR stage
is significantly higher than of a conventional propulsion stage due to the extremely low
density of liquid hydrogen. No docking or interface mass was accounted for in the
analysis. The Earth departure Delta-V’s used in this analysis were the maxima for each
transit duration presented in the table above. As such, the payload results presented in this
figure represent the minimum payload capability of each of the systems for transits of
these durations across mission opportunities.
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Trans-Mars Injection Performance vs. Transit Time
(Minimum Across Mission Opportunities)
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Figure 24. Trans-Mars Injection payload performance for launch configurations
with and without advanced propulsion versus transit times for maximum TMI
Delta-V.
A number of interesting observations can be made in examining the results in this
figure. These are catalogued below:
1. The maximum payload performance occurs at transit times of approximately
200 days (when viewed across all opportunities; in many opportunities a fixed
system design (payload, propulsion stage) would be able to transit to Mars in
significantly less time). While transit time can be decreased by sacrificing
payload performance, it is worth noting that 200 days is approximately the
same duration of a crew rotation on-board the International Space Station,
indicating that we already have significant experience (and will be gaining
even more) with supporting crews for this type of duration in zero gravity.
This indicates that potential reductions in transit time gained through the use
of advanced propulsion will likely not be of significant advantage in terms of
the development of crew support systems.
2. For transit times of approximately 200 days, the utilization of advanced
propulsion increases the payload of a single launch system by approximately
45% and the payload of a double launch system by approximately 20%. This
would indicate that if single launch is employed, approximately 2 launches
with NTR would deliver approximately the same mass as 3 launches with
conventional propulsion. Alternatively, with double launch this “exchange
rate” of launches would be closer to 5 launches with NTR being equivalent to
6 launches with conventional propulsion (or in practice 10 NTR being
equivalent 12 conventional, given the need for an even number of launches).
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Based upon these observations it becomes clear that the benefit of advanced
propulsion is not so significant as to consider it be required for a Mars mission (in the
sense that the benefit NTR provides is not so significant as to make affordable a mission
that previously was not affordable, and that NTR is not required in order to provide
reasonable transit durations). As such, the decision of whether or not to pursue advanced
propulsion involves a cost and risk trade. The major points for and against NTR
propulsion from a cost and risk standpoint are summarized below. Similar considerations
would apply for other advanced propulsion options, with some changes particularly
regarding the nuclear aspects.
Considerations regarding the use of NTR propulsion
• Pros:
o Reduces number of launches
 2 NTR launches per 3 conventional launches in single
launch Mars case
 10 NTR launches per 12 conventional launches in double
launch Mars case
o Provides technology for more ambitious missions (e.g., beyond
Mars)
• Cons:
o NTR engines must be developed
 Uncertain and potentially quite high development and
testing cost
 Risk of development being cancelled due to anti-nuclear
political sentiment
o NTR stage must be developed
o NTR stages must be fabricated and operated
 1 NTR stage per launch in single launch case
 1 NTR stage per two launches in double launch case
o Political risk of NTR being precluded from use once developed
due to anti-nuclear political sentiment
In the list of cons, operational risk is not included as it assumed that the
development of the NTR engine will sufficiently mitigate technical risks associated with
its operation. While the technical risks can be removed, the political risks associated with
NTR are still included. Due to their nuclear nature, NTR systems are at risk that political
sentiment could turn against them at any point in their development or operation. A Mars
system under development or in operation that relied upon NTR would thus be at
continuous risk of being derailed due to political considerations (above and beyond those
a Mars mission would already have). It may be possible to mitigate this political risk
through developing the Mars system such that it could use either conventional or
advanced propulsion options (with the advanced propulsion possibly offering higher
performance if employed). This would provide a fall back in case of either a development
failure or a political change of heart, although doing so could result in significant system
overheads, and would tend to obviate some of the benefits of advanced propulsion to
begin with.
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In sum, it appears that the area of Earth departure propulsion may be an area for
technology avoidance. Namely, forgo the development of advanced propulsion, make use
of existing propulsion systems, and focus development resources on other aspects of
human Mars missions. The remainder of this chapter looks at commonality between
Moon and Mars exploration systems more broadly, working under the assumption that
hydrogen-oxygen propulsion is used for Earth departure.
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4.3 Common Moon-Mars Exploration System Design
4.3.1 Motivation for Common Moon-Mars Exploration Systems
Mars exploration is the ultimate objective of human space exploration for the
foreseeable future. Lunar exploration is intended to build up the capabilities and allow us
to prepare for the exploration of Mars. As such the Draper-MIT CE&R study utilized a
“Mars-back” approach which holds that the design of lunar exploration systems should
directly enable Mars exploration to the fullest possible extent. Through the use of a
common system design taking into account the requirements of both lunar and Martian
exploration, this objective can be achieved. While the Mars-back approach has not been
fully utilized by NASA to date, it is still worth examining the use of common Moon and
Mars exploration systems.
As shown in Figure 25, multiple approaches to the development of the systems for
the exploration of the Moon and Mars exist. In the first approach shown, sequential
development of independent lunar and Mars exploration systems is undertaken, with
lunar exploration capabilities maintained during the build-up and operation of the Mars
system. While, in principle, this approach could accomplish the exploration mission
objectives, it is unlikely that the development and operation of Mars system would be
affordable with lunar operations underway.
In the second approach, the affordability of the vision is maintained by curtailing
lunar operations in order to enable the build-up for Mars. While this does meet budget
constraints, Mars missions are significantly delayed in the process. In addition, the need
to curtail lunar operations and suffer a gap in exploration missions may be fatal for the
sustainability of the overall Vision for Space Exploration. Just as we are currently faced
with political and institutional difficulties in retiring the space shuttle, we will likely
encounter difficulties in curtailing lunar missions. This will be particularly true if done
after only a small number of missions, given the large investment required to conduct
those missions in the first place. In addition, this approach would abandon the capability
for lunar exploration, ruling out future missions which may be of interest to the scientific
and space exploration communities.
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Figure 25. Notional funding profiles for Moon and Mars exploration system
development and operation. Initial operating capabilities of the first approach are
shown with vertical lines for comparing across approaches.
In contrast, the Mars-back approach of developing common systems for the Moon
and Mars is highlighted in the final funding profile. In this case, the development of
systems for lunar exploration is not focused exclusively on the lunar missions but also
takes into account the requirements necessary to support Mars missions in the future. By
using common systems for the exploration of the Moon and Mars, the development
required to commence Mars missions will be greatly decreased. The development of the
Mars-specific elements can thus be completed more quickly. The schedule for Mars
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missions will be significantly accelerated and missions can commence without the need
to curtail lunar operations.
In addition, by using the Mars-back approach, a significant sub-set of the Mars
elements will be directly validated during lunar operations. By itself, this will
significantly decrease risk and improve crew safety for missions to Mars. Unlike lunar
missions, where anytime return to Earth is possible, the elements making up a Mars
mission must work reliably for a considerable period of time without the option of an
early return. Retiring the risk of equipment failure during the lunar campaign will thus
provide a much higher confidence in our ability to mount a successful Mars campaign.
This approach also will allow the exploration of the Moon to be directly linked to the
exploration of Mars in the eyes of the public and Congress, thus enhancing the support
for lunar missions.
Acquiring Common Systems
It is important that appropriate attention be given to the development of
requirements for common exploration systems. The traditional approach to space system
development includes the creation of high-level mission requirements outlining what the
system is to achieve, the development of a system architecture to meet the mission
requirements, and then the flow down of requirements to each of the elements that make
up the system [Larson, 2000]. Each element is then developed based upon the
requirements specific to the single scenario in which it operates in the architecture. The
scenario in which an element operates is termed a “use case” in common system
development. While in traditional system development one element is typically limited to
a single use case, in common system development one element will typically have several
distinct use cases. For example, a common descent system could be used for a series of
use cases involving landing a variety of cargoes on both the Moon and Mars. The use
cases for a common element can also extend beyond direct operational similarity to
include operations for which the system design is similar, such as the case of including
commonality between ascent, descent, and Earth return propulsion systems.
Figure 26 shows a decomposition of a common Moon-Mars exploration system to
support a series of use cases. This system decomposition differs significantly from the
more traditional method of decomposing the system along the lines of particular use
cases, such as a system for crew transportation and a system for cargo delivery. Instead,
the figure shows the relationships which arise between the elements of the overall
common system in supporting the required use cases. The arrows represent the flow of
mass and volume requirements from one element to the next. In the design of a common
exploration system feedback loops are included (as in the design of any system), although
these are not shown in the diagram. As can be seen, systems are included to cover all of
the Mars operations outlined in Section 4.1.
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Figure 26. Common exploration system decomposition and system dependencies
(feedback-loops not shown).
In developing a common system design, operational architectures for the
exploration of the Moon and Mars must be chosen. It is important to note that the use of
commonality in system design does not necessitate the use of the same operational
architecture for both missions. Instead, the focus is on using the same elements to achieve
distinct missions with different operational architectures.
Examples in the following subsections will highlight this by showing how distinct
Moon and Mars operational architectures can be employed in an overall common Moon
and Mars exploration system. The first sub-section describes the detailed common MoonMars exploration system design developed as part of the Draper-MIT Concept
Exploration and Refinement (CE&R) study. This sub-section includes a discussion of
how the common Moon-Mars system design presented could also enable alternate
missions, such as to near Earth asteroids. The second sub-section describes options for
extending the ESAS proposed lunar system design towards Mars exploration, so as to
increase Moon-Mars exploration system commonality. The general concepts presented in
both sub-sections could be applicable to other operational architectures and system
designs in order to enable the affordable and sustainable exploration of the Moon and
Mars.
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4.3.2 Common Moon-Mars Exploration System Example 1 – DraperMIT CE&R Architecture
The operational architectures used in the discussion here are derived from the
work of the CE&R team in investigating options for human lunar and Mars exploration
[Draper, 2005; Wooster, 2005c].They were chosen based upon a comprehensive analysis
of thousands of operational architectures and technology options, using an ObjectProcess Network based architectural meta-language [Simmons, 2005]. These
architectures were developed prior to the release of the NASA Exploration System
Architecture Study, and as such do not incorporate the results from that study in the
system design.

Figure 27. Draper-MIT CE&R Human Mars exploration architecture. Mars Ascent
Vehicle (MAV) and Earth Return Vehicle (ERV) are prepositioned to Mars one
opportunity before crew arrival. Crew travels to Mars, lands, and operates on
surface in Transfer and Surface Habitat (TSH). At the conclusion of the surface
mission, the crew employs the MAV to reach Mars orbit and rendezvous with the
ERV, which returns them to Earth. Two Crew Exploration Vehicles (CEV) are used
– one as the ascent cabin of the MAV, which also serves as the Earth entry vehicle
on return to Earth, the other for crew launch at Earth and contingency crew return
in case of Mars propulsive swing-by abort.
Figures 27 and 28 depict the operational sequence for the two architectures and
visualize the high level of commonality possible between them. Figure 27 shows the
operational architecture for Mars exploration; it is a Mars orbit rendezvous architecture
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similar to that employed in the NASA Mars Design Reference missions of the 1990s
[Weaver, 1993; Hoffman, 1997; Drake, 1998]. Figure 28 shows the lunar mission
architecture; it is a direct return architecture similar to that chosen in the NASA First
Lunar Outpost study [Bartz, 1993]. Our analysis during the Concept Exploration and
Refinement study indicated that this architecture offers a good balance of cost, risk, and
safety for lunar missions, as discussed in Section 3.4 [Wooster, 2005a].

Figure 28. Draper-MIT CE&R Human lunar exploration architecture. Lunar crew
transportation is performed using a direct return architecture in which the CEV
proceeds all the way to the lunar surface and is used by the crew to return directly
to Earth (without lunar orbit rendezvous.) The crew transportation elements can
also be used to emplace lunar surface habitats and large cargo manifests, enabling
long duration lunar missions.
Propulsion Stage Commonality
In developing a design for a common system, it is important to consider the
driving or characteristic requirements placed upon the system due to the series of use
cases it must support. In the case of a propulsion stage, these characteristic requirements
include Delta-V, payload, and thrust. Due to the interrelations of these requirements, it is
necessary to consider all three of them simultaneously: two use cases with identical
Delta-V requirements but different payloads would drive a propulsion stage differently,
whereas two use cases with high and low Delta-V’s and low and high payloads,
respectively, could result in very similar propulsion stage designs.
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In order to meet the requirements placed upon propulsion stages, a number of
approaches can be taken. These include:
1. A single propulsion stage design for all use cases. Variable quantities of
propellant can be loaded into the stage depending upon the needs of a particular
use case.
2. A platform approach in which optional elements of the propulsion system can be
included to meet the needs of a given use case.
3. A “stretchable” design, in which the volume of the propulsion tanks can be
changed by adding additional segments. The remainder of the stage would either
be identical across use cases, or could make use of the platforming approach
described above.
4. Unique designs for each of the use cases or for particular sets of use cases. This
would not provide complete commonality, but should be considered in the design
of these systems and traded on the base of life-cycle cost and risk.
The first approach, namely a single design with variable propellant filling, was
selected for the Rocket for Earth Departure (RED) stage which meets the requirements of
the Earth Departure System in Figure 26. Given that the requirements were quite similar
for each use case, this appeared to be a reasonable approach. While the fourth approach
of using variable sized tanks could have resulted in a reduced mass in Low Earth Orbit
(LEO) for the Earth Departure System, it was believed that the savings from only needing
to develop and manufacture a single design would offset the added launch cost.
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Figure 29. Modular methane-oxygen Surface Access Module configurations for the
distinct vicinity propulsion and landing system use cases.
In the case of meeting the requirements of the Vicinity Propulsion and Landing
System, the modular Surface Access Module (SAM) design covers the required use
cases. These use cases have more varied requirements than those for Earth departure. As
such, the second approach of using a modular, platform-type design was chosen to better
meet the requirements of the individual use cases without unduly burdening the overall
system. Figure 29 shows the way the modular elements of the SAM fit together to
accomplish a variety of use cases. The core propulsion stage is sized by lunar ascent and
Trans-Earth Injection (TEI) of the CEV, and is employed in all configurations. To
become a descent stage, an additional set of tanks doubling the core’s propellant volume,
additional structure, and landing gear are added to the core. While the configuration is
similar for both Moon and Mars, the Mars landing gear and structure is able to carry
additional load (and is thus heavier) than the lunar landing gear and structure. In order to
provide the Mars ascent propulsive functionality, the core is augmented by an additional
set of tanks as in the descent case, although without the associated landing gear. For TEI
of the Earth Return Vehicle (ERV) from Mars, an additional set of extended strap-on
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tanks are included. In this manner, the common system design can perform each of the
use cases required of it.
Crew Exploration Vehicle Commonality
In developing a common design for the CEV, a number of driving requirements
across the series of supported use cases must be considered. In our CE&R analysis, six
use cases were analyzed for the CEV, with requirements defined for each. In designing
the CEV, a number of methods were then used to accommodate the requirements. In
some cases, such as pressurized volume, the CEV was developed so as to envelope all of
the requirements in a single design. In other cases, such as providing thermal control in
different environments or providing power for different durations, a modular approach
was employed in which a use case specific system could be added to the CEV.
Figure 30 shows the high-level design of the CEV with an Earth entry capsule
which holds the crew (similar to the Apollo CM) and an integrated power unit that
contains elements of the power, thermal control, and life support subsystems which
support the entry capsule (i.e., similar to the Apollo Service Module but without
propulsive functionality).

Figure 30. Crew Exploration Vehicle (CEV) design with Entry Capsule and
Integrated Power Unit modules.
Given the highly integrated nature of the CEV entry capsule and the performance
demands associated with hypersonic reentry, we included an additional goal of keeping
the capsule itself as constant as possible across use cases. As the design of the integrated
power unit was less constrained, it could be modified more easily than the capsule. An
extension power pack was also included to augment the powered duration capability of
the CEV. This allowed the additional mass of the extension power pack to be jettisoned
prior to performing lunar ascent & TEI. In considering the rapid development of the
CEV, a LEO-only CEV heatshield for early ISS missions was included. This would later
be upgraded using a different material to enable hyperbolic reentry for return from the
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Moon and Mars. This is an example of introducing modularity to improve the
development schedule of a system, as opposed to optimizing its performance or total cost.
One decision that was specifically made to improve the commonality of the CEV
was to not include any major translational propulsive functionality. As the propulsive
functionality required varies by use case, keeping this functionality external to the CEV
prevents the system from being saddled with a sub-optimal propulsive system overall.
This approach differs from the traditional approach of optimizing for a single use case, in
which a propulsion stage integrated with the CEV would likely be chosen, perhaps to
perform TEI from lunar orbit (which was selected during ESAS, [NASA, 2005a]).
Beyond providing flexibility across use cases, this approach also decreases the up-front
development cost of the CEV and provides flexibility across architectures – allowing
final architecture selection to be conducted after CEV development is initiated without
unduly impacting the CEV.
Habitat Commonality
The characteristic requirements for a habitation system include the supported
crew size and activities, mission duration, and operational environments. Geometrical
aspects such as packing into aeroshells in the Mars use cases and providing access to the
surface for surface habitats are also important in the design of the system. The use cases
our habitats must support include providing long-term crew support and laboratory
facilities on the lunar surface (Lunar Surface Habitat), providing habitation during the
outbound transfer to Mars and crew support and laboratory facilities on the surface of
Mars (Transfer and Surface Habitat), and providing crew habitation during the return
from Mars orbit to Earth (Earth Return Vehicle.)
In designing a common system to support these use cases, potential approaches
include providing modularity in the habitat sub-systems to support varying crew sizes or
mission duration and varying the volume of the habitat through either “stretching” the
habitat with additional “plugs” positioned between “end-caps” or by adding additional
modular elements to the exterior of the habitat. The approach of using modular subsystems could also be used to enable commonality between the sub-systems of the CEV,
long-duration habitats, and pressurized rovers, although this was not investigated during
the course of our study. The use of common sub-systems could also be employed if the
design of the habitats themselves were different across use cases, although we decided
against this approach.
Originally, the concept we utilized for varying the habitat volume configuration
for differing crew activities and mission durations was by designing the habitat to be
made up of a set of modular plugs, effectively equivalent to floors of the habitat, which
could be connected in series and terminated on both ends by end-caps. This approach is
similar to the method by which airliners are fabricated with differing lengths and would
have been integrated on the ground in a similar fashion to minimize any interface
overhead from the approach. While this served well the needs of varying pressurized
volume, when we began to investigate vehicle packaging in further detail, we found it
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was difficult to maintain this configuration within the constraints we had placed upon the
vehicle design. As an alternative, we settled on a configuration in which a core habitat
was used across all use cases. This core habitat was augmented by an inflatable surface
tent which would be stowed while the packaging dimensions were constrained (Earth
launch, Mars entry), and then deployed once the habitat was emplaced on the surface.
This would thus increase the pressurized volume when it was needed – during the surface
operations phase – without unduly impacting the configuration during other phases. The
additional inflatable module would be included at minimum in the Mars Transfer and
Surface Habitat, and could potentially be added to the Lunar Surface Habitat to increase
the Mars analog fidelity, although it would not be strictly necessary given the shorter
mission duration. The inflatable module would not be included in the Mars Earth Return
Vehicle, as the core habitat provides sufficient volume for in-space use.
Enabling Alternate Missions
The systems described in this section were designed for the specific purposes of
enabling LEO/ISS mission, short and long duration lunar missions, and Mars missions.
However, the approaches used to investigate capabilities of the systems described above
can also be used in determining the inherent capability of these systems to perform
missions other than those for which they were initially intended.
The analysis of a system’s capability to enable alternate missions differs from the
design of the system to meet Moon and Mars mission requirements. When designing a
system to support Moon and Mars missions, the requirements from the missions directly
drive the design of the elements. In analysis of the capabilities a designed system, the
objective is to identify what additional missions the as-built system can support without
modifying the design. Any modifications required would likely be added as upgrades for
those specific missions such that they do not impact the design of the systems for their
primary mission of exploring the Moon and Mars.
We have specifically investigated and found our system designs to be capable of
conducting Earth-Moon and Earth-Sun libration point missions, missions to near-Earth
asteroids, and Apollo 8/10-class missions to Lunar Orbit. By providing this flexibility,
mission planners can conduct alternate missions either to meet specific goals inherent in
the missions themselves or as a demonstration of the capabilities of the system prior to
attempting more challenging endeavors.
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Hardware capability curves
and mission design points
(lunar and alternate missions)

Figure 31. Capability curves of common Moon-Mars exploration system design and
hardware configurations to enable alternate missions.
Figure 31 shows both the capability curves used to investigate alternate missions
and the configuration of transportation elements required to enable these missions. The
capability curves represent the Delta-V vs. payload space of propulsion stages within the
common Moon-Mars exploration system. As missions can be represented as a
combination of Delta-V and payload, missions supported by various hardware
configurations can be investigated. As seen in the figure, a propulsion stage equivalent to
the Mars ascent stage, coupled with a propulsion stage equivalent to the Lunar
Ascent/TEI stage and a CEV is sufficient to enable missions to either lunar orbit or to any
of the Earth-Moon libration points. A single extension power unit would be included as
in the short lunar mission hardware manifest. No RED stages are required; as such, these
missions could be used prior to the RED stage coming online to test the CEV and SAM
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(propulsive but not landing functionality) outside of LEO. With an additional set of tanks
in the second stage to make it equivalent to the Mars ascent stage, and an additional
extension power unit, the common elements could also be used to accomplish missions to
the Earth-Sun L1 or L2 points. These missions may be desirable for telescope installation
or servicing. The final configuration presented is one of a number of possible
configurations for Near Earth Asteroid missions.
An analysis was conducted in the CE&R over a large series of Near Earth
Asteroids (>3,000) from the JPL Near Earth Asteroid Database to identify asteroid
missions which could be completed with the common elements in the baseline design
[JPL, 2005]. In this analysis, it was identified that the existing system design could
enable many asteroid flight opportunities, allowing flexibility in mission scheduling. The
configuration presented at the bottom of the figure is the maximal configuration required
for the possible missions, including three RED stages for Earth departure and two SAM
propulsion stages for near-asteroid operations and Earth return. A habitat core is used for
crew support, and a CEV is used for crew launch and Earth reentry, i.e. it would be
possible to carry out the mission with long-duration lunar exploration hardware. These
missions would require a unique set of surface exploration equipment, due to the distinct
differences in operating in the near micro-gravity environment of an asteroid relative to
operating in the partial gravity environment of the surface of the Moon or Mars. Beyond
the benefit from exploring the asteroid itself, a mission of this sort would both serve to
offer a high-visibility event for the public and provide operational use experience of the
habitat in a deep-space, micro-gravity environment similar to that encountered during
transits to and from Mars.
Integrated View and Impact of Commonality
Figure 32 shows the vehicle configurations which result from the common system
design for Moon and Mars exploration. In the figure, each of the Rocket for Earth
Departure (RED) stages, uses the same design and has a dry mass of 11 mt. The differing
wet masses represent different levels of tank filling in each case, up to the maximum wet
mass of 112 mt in the Mars Outbound Transfer and Surface Habitat stack. The launch
solution for each of the vehicle stacks is also noted in the figure. A 30 mt CEV launch
system is used for launching the crew into orbit. The lunar use cases also utilize a 100 mt
Shuttle-derived Heavy Lift Launch Vehicle (HLLV). For the Mars use cases, the HLLV
is upgraded to a 125 mt to LEO capacity through the addition of an upper stage. While
not shown, a single lunar HLLV using one RED and one lunar descent stage can deliver
10 mt directly to the lunar surface.
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Figure 32. Full system configurations for Moon and Mars missions with associated
commonality overhead and launch solution. The numbers by each of the common
elements represents the mass of that element in metric tonnes.
As can be seen in the post-Earth departure commonality mass overhead, the
impact of using commonality in the destination vicinity propulsion system (i.e., Surface
Access Module), habitats, and heatshields is quite small. The overhead is calculated as
the increase in mass of the common system design relative to a point design not including
any benefits of commonality. The overhead is low in this case due to the effective use of
modularity, which allows the common system design to closely match the requirements
of each use case without a large surplus capability. When moving to the Initial Mass in
Low Earth Orbit (IMLEO) impact, we can see the overhead is much larger, particular for
the lunar use cases. This results from the fact that the same RED stage design is used
across all the lunar and Mars use cases. An additional (smaller) RED stage variant could
be introduced to reduce the IMLEO overheads. This could perhaps be accomplished
through a stretchable propulsion stage in which the length of the tanks could be varied to
accommodate varying propellant quantities. While this would decrease the IMLEO of the
system, we found that it would not decrease the number of launches required for the
assumed maximum launch vehicle size available. As such, the decrease in IMLEO would
result in a decreased launch vehicle size instead. As the 100 mt launch vehicle could
likely be upgraded to a 125 mt launch vehicle through the addition of an upper stage, we
found the use of a wholly common RED stage to be a reasonable approach to balancing
the cost of lunar missions relative to providing an effective upgrade path towards Mars.
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While a modest overhead is incurred through the use of a common system,
significant benefits also exist. For the vehicle stacks described above, there is a 63%
decrease in the dry mass of the unique elements in the common system design relative to
the customized design used for evaluating the overheads. Dry mass is typically used as a
metric for the development cost of a particular element, so this can begin to show the
reduction in the development cost necessary for this approach. Beyond the total unique
dry mass, the number of elements to be developed is also significantly decreased.
LEO / ISS Mission Hardware
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Figure 33. Integrated transportation hardware development roadmap shows the
significant advantages of the Mars-back approach in terms of incrementally
building up capabilities that enable both Moon and Mars exploration missions.
Figure 33 shows the transportation hardware development roadmap for the
baseline common exploration system design. The system design for LEO/ISS missions is
comparable to the standard design of a system for such needs. A unique LEO propulsion
module was selected for this phase in order to minimize the up-front development cost
and accelerate the fielding of the CEV for ISS missions. The short duration lunar
missions begin to already demonstrate the benefits of commonality as distinct descent
and ascent stage developments do not need to be undertaken; instead, a single
development of the common vicinity propulsion system and lunar landing gear and
structure is needed. While not directly related to commonality, further benefit arises in
the short duration lunar mission through the selection of the lunar direct return
architecture, as in a lunar orbit rendezvous architecture an additional crew compartment
and propulsion stage would also be required at this point.
The long duration lunar missions are provided a large benefit from the common
system design approach as well, because at this point a separate cargo delivery system
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does not need to be developed. Instead the development focus would be on the systems
that need to be delivered to the Moon – primarily habitation and surface power systems.
The development benefits are clearly visible for Mars exploration in that now the
development is limited to only those systems unique to Mars – in this case the
development of the aerocapture/aeroentry system and upgrades to the landing gear and
HLLV. By limiting the development necessary to transition from short lunar to long lunar
to Mars missions, the onset of Mars missions will be greatly accelerated. Beyond the
development cost and schedule benefits of this approach, the use of the Mars exploration
systems during lunar operations will both directly validate the systems and provide
additional experience in their manufacture and operations, which will provide risk and
safety benefits during Mars exploration.
Also, as the number of unique elements is decreased, the number of production
lines required will also be correspondingly decreased, resulting in a decrease in the fixed
recurring costs associated with maintaining that production capability. In addition, as the
lunar exploration production lines will not need to be shutdown in order to enable Mars
exploration (as they are being used to produce the Mars exploration elements), lunar
missions could be conducted in parallel with Mars missions, if so desired. The fact that
the production lines will continue through both lunar and Mars operations will also
remove the workforce transition issues associated with closing production lines.
It should also be noted that while the same elements developed for early missions
are used for much later missions, technology insertion can still proceed apace both
through the addition of block upgrades or the complete replacement of an element. The
introduction of advanced propulsion such as nuclear thermal or solar electric propulsion
could lead to the replacement of the hydrogen-oxygen Rocket for Earth Departure stage
with an advanced propulsion stage to perform the same function. The modular nature of
the vehicle stacks would allow this introduction to be performed in a reasonably
straightforward manner and result in an appropriate reduction of heavy lifter launches to
accomplish the missions (e.g., transition from 9 to 6 HLLV launches per Mars mission).

4.3.3 Common Moon-Mars Exploration System Example 2 –
Extending ESAS elements to Mars exploration
In considering extending the use of the ESAS elements from lunar operations
towards Mars operations, it is useful to first examine the elements that are required in
order to perform Mars missions. Many studies have been performed to identify
architecture and design options for Mars missions. A number of potential elements could
be used to make up a Mars mission, however for the purposes of this discussion we will
assume that the following list is the minimum required, based upon the analysis presented
in Section 4.1.
Minimum Set of Required Mars Elements:
1. Earth Launch and Entry Crew Cabin(s)
2. Heavy Lift Launch and Earth Departure Systems
3. Long-duration Habitat(s) and Mars Ascent/Descent Crew Cabin(s)
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4. Mars Aeroentry and Descent System
5. Mars Landing Propulsion System
6. Mars Ascent Propulsion System
7. Earth Return Propulsion System
8. Surface Exploration Systems
9. Surface Power Systems
10. In-Situ Resource Utilization Systems (while not strictly necessary, provide
significant leverage for Mars missions)
Earth Launch and Entry Crew Cabin(s)
The intent in developing the CEV, as described in ESAS, is for it to serve as the
Earth Launch and Entry Crew Cabin for Mars missions. Depending upon the mission
architecture, the same CEV may be used for both legs in a given mission, or two distinct
CEVs employed. In terms of what is required to enable the CEV to perform this
functionality, the greatest change relative to the lunar CEV is in terms of its entry
velocity capability and dormancy duration requirements. Another factor worthy of
consideration in terms of extending the CEV towards Mars is that if the only functionality
it provides is crew accommodations during Earth launch and entry, it will effectively
represent a large parasitic mass upon the overall Mars crew transportation system, as it is
transferred from Earth to Mars (either orbit or surface) and back without providing any
useful functionality along the way. Options to allow the CEV to provide additional
functionality thus are of interest to decrease the overall cost of Mars missions. One such
option is presented towards the end of this section in the discussion of a potential ESAS
lunar element-derived Mars architecture.
Heavy Lift Launch and Earth Departure Systems
Applicability of the Ares V towards the heavy lift requirements inherent in a Mars
mission has been suggested as one of the major linkages between the current lunar
program and eventual Mars missions. The analysis presented in Section 4.2 shows that
this is indeed the case, with the Ares V enabling a robust trans-Mars injection capability.
Long-duration Habitat(s) and Mars Ascent/Descent Crew Cabin(s)
The requirements on the long duration habitats making up a Mars mission include
supporting the crew during the approximately 180-day transfer from Earth to Mars, the
500-700-day stay on the surface of Mars, and the approximately 180-day return transfer
from Mars to Earth. Short-duration crew cabins are also required during Mars landing
and ascent. (Section 4.1 and in particular Table 27 provides further discussion of this
topic.) While it is highly unlikely (and undesirable from a design perspective) that all of
these mission phases will be accomplished using a single instance of a habitat, it is
possible that a single habitat/crew compartment could take on multiple phases and/or the
same habitat/crew compartment design could be employed (using multiple instances) to
accomplish distinct sets of mission phases.
Taking the NASA JSC Mars Design Reference Mission 1.0 and 3.0 operational
architecture as an example, a single habitat would be used for Earth-Mars transfer, Mars
descent, and Mars surface operations, while another habitat of a similar design is used
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during the Mars-Earth return transfer. Two examples of a habitat/crew compartment
being used across multiple phases are having a single crew compartment used for both
Mars ascent and descent and having a single habitat used for the in-space Earth-Mars and
Mars-Earth transfers.
In terms of examining the capability of the ESAS elements for providing this
functionality, it would appear that the LSAM crew compartment would be well suited for
the Mars ascent and descent roles. The LSAM crew compartment conceivably could also
be extended for use as in-space habitation on either the Earth-Mars or Mars-Earth legs (or
both), provided that modifications are made to the life support and power systems to
enable significantly longer occupation. The CEV crew compartment could also be
pressed into service as a Mars habitat, particularly for transfers to and from Mars. In
relation to providing surface habitation on Mars, the LSAM crew compartment as
presented in the ESAS report does not appear to provide sufficient volume for the
expected activities, even if the life support could be extended for a sufficient duration. If
extensibility from the LSAM crew compartment is desired, multiple LSAM crew
compartments could perhaps be used for Mars habitation, or inflatable extensions
developed to increase the volume available. Another, possibly more reasonable, option
would be the development of a large, long duration surface habitat for use in these
missions. With proper design, such a habitat could also be used on the Moon to provide
long duration outpost capabilities.
Mars Aeroentry and Descent System; Mars Landing, Mars Ascent, and Earth
Return Propulsion Systems
In terms of the propulsion and aeroentry systems required for the major post-Earth
departure maneuvers of a Mars mission, the Mars aeroentry systems in particular clearly
have no parallel in the lunar exploration elements. As such, these systems would need to
be developed specifically for Mars, and it is recommended that advanced development
work on them be initiated such that they can be made available for Mars missions in a
timely manner. It is worth noting that in selecting the minimal set of Mars mission
elements listed above, the Mars aeroentry systems were also considered to provide
aerocapture into Mars orbit, for which an additional set of technological challenges exist.
If aerocapture is not used, the Mars orbit capture maneuver could either be provided by
an additional dedicated propulsion system, or by the same system that provided Earth
departure, particularly in the case of a nuclear thermal Earth departure system. Our
analysis however indicates that aerocapture is the most preferred of these options. The
propulsion systems used for the maneuvers near Mars are required to operate after
significant durations in space, ranging from 6 months to several years; boil-off
considerations thus likely eliminate hydrogen fuel as an option. Methane-oxygen
propellants have frequently been proposed for Mars missions due to their more benign
boil-off characteristics, relatively high performance, and in-situ propellant production
potential. If methane-oxygen propellants are used in the lunar systems (as proposed by
ESAS, although subsequently backed away from by NASA), the engines and other
propulsion technologies may thus be applicable towards the propulsion functionality
required near Mars. If hypergolics are selected for lunar missions, they could potentially
also be extended to Mars missions, although at the cost of decreased performance and
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ruling out in-situ propellant production (and thus certain architecture options such as
those employing direct return from the Martian surface). Alternatively, hypergolics could
be employed for the moon while methane-oxygen propulsion systems are developed for
use on Mars missions. In terms of the designs of the stages themselves, it does not appear
that the ESAS stage designs can be directly used in Mars mission applications, although
options to provide multiple copies of ESAS stage elements (engines, tanks) in the Mars
systems may be feasible.
Surface Exploration Systems
The surface exploration systems, such as crew mobility and EVA equipment,
offer many potential opportunities for extensibility between lunar and Mars missions. The
drivers for Mars missions are very similar to those for lunar missions, possibly with some
modifications primarily in the thermal arena; as such the discussion provided in the lunar
portion of this paper applies here as well. Power systems for lunar missions also can be
extended towards Mars operations. In the case of solar power systems, an increase in
collection area would be required due to the decreased solar flux, although storage
requirements would be significantly decreased relative to a non-polar lunar outpost. A
modular design could be employed to allow the system to be efficiently increased in
collection area and decreased in storage capacity as it is extended from lunar operations
towards Mars operations. While not assumed in the architecture presented in this section,
nuclear power systems could also be designed for use on both the Moon and Mars,
possibly with considerations given to a modular heat rejection system to tailor the system
to the particular operating environments.
In-Situ Resource Utilization Systems
While not strictly required, In-Situ Resource Utilization (ISRU) can provide
significant leverage for Mars missions. Major uses of ISRU products include
consumables for crew support, EVA, and surface mobility as well as ascent and
potentially trans-Earth injection propellants. Even with this being the case, however, the
potential for extensibility of lunar ISRU systems towards Mars is quite limited. At
present, it is unclear if lunar ISRU will be employed or is even advantageous to lunar
operations. If it is used though, the technologies involved for lunar resource utilization
are quite different from those used on Mars. Mars ISRU would most likely entail
utilization of carbon dioxide extracted from the atmosphere through relatively simple
means in a variety of chemical processes (e.g., Sabatier, reverse water-gas shift, etc.). By
contrast, lunar ISRU involves extensive infrastructure for extraction of useful chemicals
(primarily oxygen) from regolith or the extraction of lunar ice from extremely low
temperature, permanently shadowed polar deposits (see discussion in Section 3.5). As
Mars ISRU is in fact much simpler than lunar ISRU, requiring demonstrations of lunar
ISRU in order to allow the use of Mars ISRU could be quite detrimental to the progress
of human Mars exploration. While some of the downstream chemical processing may be
similar between lunar and Mars ISRU systems (e.g., water electrolysis, cryogenic
refrigeration), this is relatively minor when compared with the vast differences between
the overall technology required in the lunar ISRU case relative to the Mars ISRU case. In
addition, as a number of the Mars ISRU chemical processes are similar to those
employed in regenerative life support systems, focusing on commonality and

- 116 -

extensibility between life support systems and Mars ISRU systems areas may be more
beneficial.

Example ESAS-derived Mars Exploration Architecture
Section 4.2 provided estimates for the Trans-Mars Injection (TMI) capability of
the Ares V launch vehicle in various configurations. Based upon these launch
configurations, the design of the various vehicles that make up the overall Mars
architecture can be examined. While modifications to the launch systems may be
possible, exploring the capability of Mars systems that can fit within these constraints
will be instructive to understand the possibilities of extending the ESAS lunar elements
towards Mars. The useful payload delivered to Mars is of particular interest for this
purpose. Table 29 presents capabilities of both single and double launch options (without
nuclear thermal propulsion) in terms of useful mass aerocaptured into Mars orbit or
delivered to the surface through aerodynamic and propulsive deceleration. In Table 3,
Mars orbit mass is calculated as 75% of the TMI mass and Mars surface mass is 50% of
TMI mass, with any fractions rounded down. These mass fractions are representative of
aerocapture and aeroentry systems combined with either methane-oxygen or hypergolic
landing propulsion systems.
Table 29. Equivalent Mars orbit and Mars surface payloads delivered for single and
double Ares V launch options.
Single Launch Double Launch
40 mt
90 mt
Total TMI Mass
30 mt
67 mt
Equivalent Mars Orbit Mass
45 mt
Equivalent Mars Surface Mass 20 mt
It is interesting to note that the case of a single Ares V launch towards Mars
provides effectively equivalent payload mass on the surface of Mars as a single Ares V
launch to the Moon provides in terms of lunar surface payload. This may be an attractive
feature in terms of utilizing similar surface elements on both the Moon and Mars.
Based upon the capabilities of the ESAS launch vehicles, an example human
Mars exploration architecture was created that maximizes the use of other ESAS
elements (CEV, LSAM). The baseline architecture is presented in Figure 34.
In this architecture, the surface habitat is sent uncrewed to the surface of Mars
prior to the arrival of the crew. Additional logistics flights are also sent to provide power,
consumables, and surface exploration systems for use once the crew arrives. Each of
these uncrewed flights is performed using a single Ares V launch, simplifying launch
operations considerably, as well as decreasing the burden on Mars aerocapture/entry
systems through decreased system mass. The payload capacity to the surface for each of
these flights is approximately 20 mt as outlined above. The particular number of logistics
flights required per mission depends upon whether in-situ resource utilization is
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employed, the degree of life support closure, the crew size, and the amount of surface
exploration cargo desired. The habitat could potentially be an extended version of the
LSAM crew compartment augmented with additional inflatable volumes, or be of a
dedicated design. If multiple sequential missions are flown to the same location across
multiple opportunities, significant infrastructure can be used from one mission to the
next, decreasing the number of uncrewed flights which are needed to support the mission.
Assuming that ISRU is used with a crew of six, it appears that two logistics flights (in
addition to the surface habitat flight) would be sufficient for the first human mission,
followed by one logistics flight (and no additional habitat flight) for subsequent missions.

Figure 34. Baseline ESAS-derived human Mars exploration architecture. Logistics
flights and a surface habitat are sent to Mars prior to the arrival of the crew, each
on a single dedicated Ares V. Crew transportation involves two Ares V (with two
EDSs), which rendezvous in LEO prior to sending the crew to Mars. The crew
travels to and from Mars in a vehicle composed of an extended duration CEV and
an LSAM derived Mars ascent-descent vehicle crew compartment. Propulsion
systems derived from the LSAM ascent stage are used for maneuvers in the Mars
vicinity.
The Mars crew transportation system in this architecture employs two Ares V
launches, each one with an EDS. One of the launches also contains a CEV with a transEarth injection stage and a LSAM crew compartment-derived Mars ascent-descent
vehicle, along with two heatshields (one for the ascent-descent vehicle, one for the CEV
and TEI stage.) During transit to and from Mars, the crew lives in the combined volume
of the ascent-descent crew compartment and the CEV. The CEV would be modified to
provide life support for the approximately one-year combined duration of the outbound
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and inbound transfer. The service module would have its propulsion capability removed
as part of this modification. The LSAM-derived ascent-descent crew compartment would
not provide life support during the inbound and outbound legs, but would provide
additional volume for crew activities. Combined, the ESAS CEV and LSAM provide 40
cubic meters of habitable volume. While additional volume per crew member may be
desirable, based upon tolerable volumes for the 6-month transfer duration, this
configuration could support a crew of up to six. It appears that mass, rather than volume
will limit the crew size that could be transported in such an ESAS-derived Mars
architecture. In particular, using a life support model based upon systems developed for
the International Space Station, the crew transportation system could transfer 2 crew with
hypergolic propellants, 3 crew with methane-oxygen propellants and no in-situ propellant
production, or 4 crew with methane-oxygen propellants and in-situ propellant production.
Given that minimum crew sizes from 4-6 are likely to be desired for early Mars missions,
multiple instances of the crew transportation system could be used to transport crew in
independent groups to Mars, where they would subsequently meet up on the surface.
Based upon this overall architecture, a basic traffic model can be created to
determine the number of cargo launch vehicles required per Earth-Mars transfer
opportunity (once every 27 months) to both setup and support a series of human missions
to a Mars outpost. The number of required launches would depend upon the total crew
size and the technologies employed (i.e., ISRU, methane-oxygen vs. hypergolic
propulsion). Results are presented in Table 30 for both low launch demand and high
launch demand scenarios. The low launch demand scenario would be representative of a
crew size of 4 employing in-situ resources for both consumables on the surface and for
ascent propulsion. In such a case, a single crew transportation system (using two Ares V
launches) would be sufficient to transport the crew to and from Mars. The high launch
demand scenario would be representative of between 4 crew with either hypergolic or 6
crew with methane-oxygen propulsion without in-situ propellant production in either case
and with limited to no in-situ consumables production. Under such technology and crew
size conditions, two sets of crew transportation systems (for a total of four Ares V
launches) would be required to transport the crew. The traffic model in this analysis does
not account for replacement habitats or the positioning of additional infrastructure to
significantly build up the base capabilities, although this clearly would be an option.
Overall it appears that the number of launches required for a sustainable series of Mars
missions using ESAS-derived elements is quite achievable, ranging from 3 to 6 launches
per opportunity, depending upon crew size and technology availability.
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Table 30. Number of Cargo Launch Vehicles required for initial and subsequent
transfer opportunities for series of Mars missions to single site, under low and high
launch demand scenarios.
Low Launch Demand
High Launch Demand
Initial
Subsequent
Initial
Subsequent
Opportunity
Opportunities
Opportunity Opportunities
3
1
4
2
Logistics and
Infrastructure
2
4
Crew Transport
Total # CaLVs

3

3

4

6

4.3.4 Moon-Mars Exploration System Commonality Summary
The development of common Moon and Mars exploration systems appears to
offer significant affordability benefits. Indeed, common systems may even be required in
order for both human Mars exploration to be achievable within the available funding
profile and given political sustainability considerations. From a technical perspective,
including a high degree of commonality between Moon and Mars exploration systems
appears to be quite practical. It also appears that a number of options exist to extend the
systems defined by ESAS in order to increase their applicability towards Mars
exploration. The next chapter examines the lunar exploration campaign, including its
utility in preparing for the human exploration of Mars.
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5 Exploration Campaign Comparisons
In order to assess the full impact of affordability strategies on exploration
effectiveness, it is frequently necessary to examine the impact in the context of an
exploration campaign – namely a series of one or more missions dedicated towards an
overall goal. In this chapter, we examine the impact of a number of potential lunar
campaigns from the perspective of preparing for Mars. Two reference campaigns – the
first from the NASA Exploration Systems Architecture Study (ESAS), the second from
the NASA Lunar Architecture Team (LAT) – are employed for comparison relative to
campaigns proposed as part of MIT’s LSAM architecture and lunar campaign study
effort. The campaigns presented in this chapter could be considered to include a portfolio
of affordability strategies. The strategies involved include accretion, efficient, and
minimal.
Section 5.1 discusses objectives for lunar campaigns in terms of preparing for
Mars. Three major objectives are found to be of relevance: systems testing relevant to
Mars, understanding biological impacts of partial gravity exposure, and providing an
intermediate milestone for human exploration activities. We select cumulative crewed
surface duration as the primary metric to assess the benefit provided by lunar campaigns.
Section 5.2 describes the campaigns analyzed in this chapter. The descriptions
include the sequence of missions and, in the case of outpost deployment flights, which
elements are assigned to which missions. Remarks are included regarding the ability of
each lunar campaign to prepare for Mars aside from cumulative surface time in this
section, relative to the LAT reference campaign.
Section 5.3 compares the relative costs of the campaigns and makes
recommendations based upon the results. The launch cost versus benefit in terms of
cumulative surface time of each campaign is compared. Campaigns with dedicated cargo
deployment flights are shown to offer significant launch cost reductions for equal benefit
compared to the LAT campaign (which exclusively utilizes crewed flights for outpost
deployment). As such, we compare the development schedule of campaigns with
dedicated deployment to those without, and find that dedicated deployment does not
make the development schedule more challenging. We thus recommend that dedicated
deployment be utilized for lunar outpost emplacement.
Overall, it appears that an outpost-focused lunar exploration campaign (no sorties)
with a cumulative surface duration similar to that of a Mars mission (~600 days) should
be sufficient to meet Mars preparation needs. Including dedicated cargo flights as part of
outpost deployment in such a campaign is shown to be clearly superior to the NASA
LAT proposed approach of solely using crewed missions for outpost deployment. Using
dedicated cargo deployments will reduce cost, speed outpost utilization, and increase
surface system relevance to Mars without putting straining development and operational
resources. The intermediate outpost concept – a low-investment lunar outpost deployed in
a single dedicated cargo flight – is worthy of additional consideration for use in a lunar
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campaign. The intermediate outpost concept is particularly useful if shorter total
durations are desired or as a method of more quickly enabling long duration stays prior to
the emplacement of a long duration outpost. In general, the selection of the lunar
campaign approach may be more important to the overall cost of the exploration
endeavor than factors such as LSAM design, In Situ Resource Utilization, and so on,
discussed in Chapter 3 of this report.

5.1 Using the Moon to Prepare for Mars
Preparing for the human exploration of Mars is one of the major justifications
presented for the inclusion of the Moon in the U.S. Vision for Space Exploration [Bush,
2004]. Other justifications have also been presented, although given that this report is
focused on Moon and Mars exploration, and that Mars is a compelling destination for
human exploration activities, the analysis in this section focuses on how well various
lunar campaigns prepare for human missions to Mars. As such, it is useful to define ways
in which lunar activities can help in preparing for Mars. It is important to also make note
of what the Moon uniquely offers for Mars preparation, as compared to ways to prepare
on Earth or at lower expense elsewhere in space.
A human Mars mission will likely feature a surface stay of approximately 500 to
700 days (depending upon mission opportunity) with transits to and from Mars on either
end of approximately 180 days each [Wooster, 2006]. The systems involved must support
the crew for the entire mission duration without options to significantly reduce the total
time away from Earth through aborts. A strong incentive to maximize the productivity of
crew operations while on Mars will exist given the large investment expended to
transport them to and from Mars. Extensive systems and operations testing will be
performed on Earth prior to engaging in human missions to Mars. Tests will be
conducted in both environmental simulators (e.g., thermal-vacuum chambers, etc.) and
operational simulators (e.g., Earth polar and desert region Mars analogs, etc) to ensure
that the systems and operations are well suited to the conditions that will be encountered
during a Mars mission.
In this context, the uniqueness of the Moon will be highest in regards to its partial
gravity environment, and to a lesser extent in terms of radiation and dust environments.
Unfortunately, none of these aspects of the Moon are identical to Mars, although, for at
minimum partial gravity and radiation, the conditions on Mars will fall between those on
the Moon and on Earth. As such, knowledge gained from lunar activities regarding the
effects of partial gravity and radiation could be considered the worst case to be expected
on the surface of Mars. Lunar activities have the advantage over Mars activities in that
knowledge can be gained on the Moon without having to commit to a multi-year human
mission – planned lunar mission durations can be increased incrementally and can be
aborted at any time with near immediate return to Earth. Achieving a lunar operational
capability is also likely to occur more quickly than a Mars mission capability.
As such, in sum we see three main areas in which the Moon can offer aid in
preparing for Mars, which could be considered objectives for lunar campaigns:
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1) Testing systems, technologies, and procedures for Mars exploration in an
environment distinct from Earth.
2) Increasing understanding of partial gravity (possibly coupled with radiation)
impacts on crew health and performance.
3) Providing an intermediate milestone for human space exploration efforts.
For purposes of assessing lunar campaigns, we focus on the cumulative lunar
surface duration as the primary benefit metric, which should have a strong correlation
with the second objective listed above. Discussion of the extent to which specific
campaigns enable testing of Mars systems on the Moon is also included. All of the
campaigns presented will likely be similar from a perspective of providing an
intermediate milestone for human space exploration efforts.

5.2 Campaign Descriptions
This section describes five potential lunar campaigns – two derived from NASA
studies and three offered as alternatives based upon studies at MIT. The campaign
descriptions focus on the sequence of missions in each campaign and make mention of
notable differences between campaigns and how these differences could impact the
effectiveness and affordability of the campaign. This section is followed by a section
directly comparing selected costs of the five campaigns described here.

5.2.1 Case 1 – Lunar Architecture Team (LAT) Campaign
Case 1 is the lunar campaign presented by the Lunar Architecture Team at the 2nd
Space Exploration Conference in Houston, TX on December 6th, 2006 [NASA, 2006b].
NASA indicated that this campaign was only a point of departure and was intended to
spur discussion, however at present this is the closest thing to a NASA baseline lunar
campaign available at present. The overall campaign involves establishing an outpost,
nominally at a lunar south pole site with high illumination fraction, over a series of
crewed missions all of which visited a single site. The specific objectives of the
campaign were not highlighted, although for the purposes of this analysis we will focus
on how the sequence of missions would support preparation for Mars.
Each mission in Case 1 is crewed, employs a 1.5 launch approach, and is able to
deliver approximately 6 mt of cargo along with the crew. After the outpost is emplaced,
long duration missions of 6 months duration can be supported using the consumables that
can be delivered along with the crew (within the 6 mt of cargo). Missions occur every 6
months. Unless otherwise specified, these parameters are assumed elsewhere in this
analysis.
The missions included in the LAT campaign are presented in Table 31. For each
mission, the number of launch vehicles and LSAM ascent and descent stages employed
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are presented, along with the number of crew, the crewed surface duration of the mission,
and the surface cargo delivered with the mission. Mission purposes include testing the
LSAM (which is performed using an uncrewed landing with the crew remaining on
orbit), deployment of base elements, and utilization of the base (defined in this context as
a mission of greater than 7 days duration). The 11th and subsequent missions are
considered to be identical, each a 180 day duration utilization mission.
Table 31. Campaign Case #1: Lunar Architecture Team Campaign Mission
Sequence.
Mission Launch Vehicles
LSAM
Crew Surface Surface
Purpose
Duration Cargo
Ares I Ares V DS AS
(days)
(mt)
1
1
1
1
1
4
0
6
LSAM Test/Base
(Orbit)
Deployment
2
1
1
1
1
4
7
6
Base Deployment
3
1
1
1
1
4
7
6
Base Deployment
4
1
1
1
1
4
7
6
Base Deployment
5
1
1
1
1
4
7
6
Base Deployment
6
1
1
1
1
4
14
6
Base Deployment/
Utilization
7
1
1
1
1
4
14
6
Base Deployment/
Utilization
8
1
1
1
1
4
30
6
Base Deployment/
Utilization
9
1
1
1
1
4
30
6
Base Deployment/
Utilization
10
1
1
1
1
4
30
6
Base Deployment/
Utilization
11+
1
1
1
1
4
180
6
Utilization

In the campaign presented by the LAT, specific base elements were assigned to
each flight (within the 6 mt surface cargo available), as presented in Table 32. The
contents of the additional initial equipment deployed with the first flight were not
specified. The base utilized solar power generation, with unspecified power storage
technology. The rovers included in this listing were all unpressurized. (Including a
pressurized rover on later flights outside of those presented was mentioned.) The four
habitat modules were relatively small in size (in order to fit within the 6 mt available
cargo), and were transported using the “surface carrier” element. The particular type of
ISRU systems envisioned for the 9th mission was not specified. The number of logistics
carriers employed for the long duration missions (starting with mission 11) was not
specified; it is assumed to be 2 or 3 based upon observing the remaining cargo
allocations.

- 124 -

Table 32. Campaign Case #1: Lunar Architecture Team Campaign MissionElement Assignments.
Mission Initial
Power
Rover Habitat Surface Power Logistics ISRU
Equip. Generation
Carrier Storage Carrier Plant
1
1
1
1
2
1
3
2
1
1
4
1
5
1
2
6
1
7
1
2
8
1
9
1
1
10
1
2
11+
2 or 3

5.2.2 Case 2 – ESAS Lunar Campaign Modified with LAT Systems
The second case we consider is a modification of the lunar campaign developed
as part of the Exploration Systems Architecture Study (ESAS). The sequence of missions
is maintained (as included in a presentation by ESAS-lead Doug Stanley [Stanley, 2005])
although the LSAM cargo capability with crew and the logistics requirements for long
duration (180 day) missions are matched to those used in LAT in order to reflect updates
in the overall system design.
The mission sequence is included in Table 33. As opposed to the LAT, ESAS
included a series of sorties (4 total, including 3 prior to base build-up commencing) to a
variety of unique sites. Such sortie missions could be useful from a lunar science
perspective by providing information regarding a wider variety of locations on the lunar
surface. Sortie mission however would not be particularly valuable from a Mars
preparation perspective when compared to instead having those mission go to a single
site (as in LAT), which allows equipment to be accreted for greater mission duration
capabilities over time. In addition, the cargo associated with the LSAM test mission in
the ESAS campaign does not contribute towards a lunar outpost, as the lunar outpost
location has not yet been established. As such, the LAT campaign can be considered an
improvement over ESAS in these areas in regards to Mars preparation. The base
deployment flights in ESAS make use of dedicated cargo flights. This allows what
required a large number of flights in the LAT campaign to be compressed into a small
number of flights in the ESAS campaign. The ESAS campaign also includes a type of
mission not featured in the LAT campaign, namely the deployment of a backup ascent
stage to the lunar surface. Providing this backup ascent stage trades increased cost (in
terms of the ascent stage and its deployment) for decreased risk (by providing
redundancy in ascent to orbit capability). In deploying the ascent stage, significant

- 125 -

additional cargo can be delivered, decreasing to some extent the cost impact of including
this redundant capability.
Table 33. Campaign Case #2: ESAS Campaign Mission Sequence.
LSAM
Mission Launch Vehicles
Crew Surface Surface
Duration Cargo
Ares I Ares V DS AS
(days)
(mt)
4
1
1
1
1
1 (Orbit)
0
6
2
1
1
1
1
4
7
6
3
1
1
1
1
4
7
6
4
1
1
1
1
4
7
6
5
0
1
1
0
0
0
20
6
0
1
1
0
0
0
20
7
1
1
1
1
4
7
6
8
0
1
1
0
0
0
20
9
10+

0
1

1
1

1
1

1
1

0
4

0
180

11
6

Purpose

LSAM Test
Sortie
Sortie
Sortie
Base Deployment
Base Deployment
Sortie
Base Deployment
Backup Ascent/
Base Deployment
Utilization

Table 34 shows the allocation of elements to flights proposed in the ESAS
campaign for missions destined to the outpost location. The information available
regarding the ESAS campaign is not as clear regarding the number of elements, as such
‘x’ is used to denote the presence of elements of that type. The changes in cargo
capabilities in the modified campaign could make it desirable to also modify this
allocation. In contrast with LAT, the ESAS campaign employed nuclear power
generation; as such separate power storage units were not included. The development of a
nuclear power system would most likely be more expensive than the solar power system
employed by LAT, although could facilitate human Mars missions if nuclear surface
power is deemed necessary for Mars surface activities.
Table 34. Campaign Case #2: ESAS Campaign Mission-Element Assignments.
Mission
Power
Rover Habitat Logistics ISRU Backup
Generation
Ascent
5
x
x
x
6
x
8
x
x
9
x
x
10+
x

5.2.3 Case 3 – LAT Campaign with Dedicated Deployment Flights
The third campaign is a proposed alteration to the LAT campaign, in which
dedicated cargo flights are used to deploy some elements of the outpost, as opposed to
exclusively using crewed flights for outpost build-up. In some ways this could be
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considered a hybrid between the LAT and ESAS campaign approaches, in that it keeps
the LAT focus on an outpost (eliminating sorties), yet it allows for the more rapid outpost
deployment seen in ESAS.
Table 35 presents the mission sequence for this campaign. This campaign clearly
results in being able to achieve long duration missions much sooner than with the LAT
campaign. The first mission again tests an uncrewed LSAM with a crew in lunar orbit.
The second mission has a crew land to both inspect the outpost site and to provide the
high visibility event of the first crewed landing. The base deployment flights emplace a
total of 52 mt, as compared to the 60 mt delivered in the LAT campaign. This campaign
deploys less logistics during build-up (as crews are not consuming logistics during buildup) and does not include either the ISRU systems or the surface carrier emplaced in the
LAT campaign, which should be sufficient to make up for the difference in delivered
cargo mass between the two campaigns. Given that with the dedicated cargo flights
larger, more mass efficient elements can be emplaced, this campaign is likely to have a
greater surface capability in its outpost than the LAT outpost.
Table 35. Campaign Case #3: LAT-style Campaign with Dedicated Deployments
Mission Sequence.
LSAM
Mission Launch Vehicles
Crew Surface Surface
Purpose
Duration Cargo
Ares I Ares V DS AS
(days)
(mt)
4
LSAM Test/Base
1
1
1
1
1 (Orbit)
0
6
Deployment
2
1
1
1
1
4
7
6
Base Deployment
3
0
1
1
0
0
0
20
Base Deployment
4
0
1
1
0
0
0
20
Base Deployment
5+
1
1
1
1
4
180
6
Utilization
Table 36 shows how elements from the LAT campaign could be assigned to
missions in order to emplace and utilize an outpost for long duration missions. While
presented here as effectively landing multiple LAT elements on each dedicated cargo
flight, in reality systems such as the habitat would likely be sized for dedicated cargo
mission (rather than landing 4 smaller habitats packaged together), which should make
the elements more efficient and easier to develop. As the size of cargo on dedicated flight
is more in line with the cargo that would be expected for Mars missions, these elements
would likely also have greater inherent applicability for Mars missions. In fact, it would
likely be significantly more challenging to develop commonality between Mars systems
and lunar systems that must be split into 6 mt chunks as in the LAT campaign.

- 127 -

Table 36. Campaign Case #3: LAT-style Campaign with Dedicated Deployments
Mission-Element Assignments.
Mission Initial
Power
Rover Habitat Surface Power Logistics ISRU
Equip. Generation
Carrier Storage Carrier Plant
1
1
1
1
2
2
1
3
4
4
2
4
3
5+
2 or 3
The color-coding in Table 36 is used to indicate potential changes in
development cost phasing. Boxes highlighted in gray indicate elements which are not
included in this campaign and as such do not need to be developed. Boxes highlighted in
green indicate elements which are needed later than they were required in the LAT
campaign, meaning that developing phasing will be eased. The habitat is the one element
that falls into this category. Habitat elements need to be developed by the third mission in
this campaign as opposed to the second mission in the LAT campaign. Boxes highlighted
in yellow indicate elements that need to be ready earlier. The power storage elements
need to be ready one mission earlier and the logistics carriers need to be ready five
missions earlier. The logistics carriers are likely to be relatively simple elements; as such
we do not see having them ready earlier as a large burden. If needing to have the power
storage system available one mission earlier is a burden (even given that the habitat
elements are not required until one mission later than in LAT, and two systems have been
eliminated), an additional crewed mission could be added as an early utilization flight
(between missions 3 and 4 in the proposed campaign), in order to allow a surface stay
while the outpost is in continuous sunlight. While such a mission would likely not
include a 180 day stay, significant benefit could still be derived from the mission. Based
upon these observations, it appears that this campaign which uses dedicated deployment
flights (possibly with the inclusion of an early utilization flight) should fit within the
development budget profile of the LAT campaign.

5.2.4 Case 4 – LAT Campaign with Dedicated Deployment and Single
Launch Crewed Flights
The fourth campaign is similar to the third campaign, in that it uses dedicated
deployment flights to build-up an LAT-like outpost, although in this case a single launch
approach is used for crewed flights, as opposed to the 1.5 launch approach used
previously for crewed flights. This follows-up on the recommendation regarding the use
of single launch from Chapter 3.
Table 37 presents the series of missions for this campaign. The surface cargo
capability for single launch crewed missions is decreased to 2 mt (from 6 mt for 1.5
launch crewed missions). The first two flights are similar to case 3, although rather than
deploying significant base infrastructure they simply test the LSAM and inspect the
landing site/provide high visibility events, due to the decreased surface cargo capacity.
An early utilization flight occurs on mission 5, and an additional dedicated cargo delivery
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flight is conducted on mission 6 to deliver the remaining base elements and emplace a
larger store of logistics for subsequent utilization flights. Long duration utilization flights
commence with mission 7. A dedicated cargo resupply flight would also be required after
approximately every 5 utilization flights to make up for the decrease in cargo delivered
with the crew.
Table 37. Campaign Case #4: LAT-style Campaign with Dedicated Deployments
and Single Launch Crewed Flights Mission Sequence.
LSAM
Mission Launch Vehicles
Crew Surface Surface
Purpose
Duration Cargo
Ares I Ares V DS AS
(days)
(mt)
4
1
0
1
1
1 (Orbit)
0
2
LSAM Test
2
0
1
1
1
4
7
2
Site Inspection
3
0
1
1
0
0
0
20
Base Deployment
4
0
1
1
0
0
0
20
Base Deployment
5
0
1
1
1
4
90
2
Early Utilization
6
0
1
1
0
0
0
20
Base Deployment
7+
0
1
1
1
4
180
2
Utilization
Table 38 shows the assignment of elements to flights in a similar fashion to in
case 3. Again gray boxes indicate elements that do not need to be developed, green boxes
indicate elements that do not need to be developed as early, and yellow boxes indicate
elements that must be developed earlier (all relative to the LAT campaign). In this
campaign, the need for the initial equipment, power generation, and habitat are all
delayed by two missions, and the need for power storage is delayed by one mission. The
logistics carrier is required four missions earlier. Taking into account the simplicity of the
logistics carrier and the significantly eased development schedule for many of the
elements, it appears that this campaign is quite achievable from a development
perspective.
Table 38. Campaign Case #4: LAT-style Campaign with Dedicated Deployments
and Single Launch Crewed Flights Mission-Element Assignments.
Mission Initial
Power
Rover Habitat Surface Power Logistics ISRU
Equip. Generation
Carrier Storage Carrier Plant
1
1
2
1
3
1
5
4
4
5
1
6
4
6
7+
1
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5.2.5 Case 5 – Intermediate Outpost Campaign with Single Launch
Crewed Flights
The concept of an “intermediate outpost” was developed as part of MIT’s LSAM
Architecture and Lunar Campaign study. In this concept, a single dedicated cargo flight is
used to emplace a relatively simple outpost along with all consumables required for the
mission(s) it will support. The intermediate outpost does not include advanced life
support technologies, but instead makes use of systems derived from the ISS, CEV, and
LSAM for crew support [Hofstetter, 2006a]. In the initial intermediate outpost concept
the crew compartment was derived from the LSAM as well, although given the decrease
in projected size of the LSAM crew compartment since ESAS it now appears likely that a
dedicated structure would be utilized for the intermediate outpost. The intent with the
intermediate outpost is to minimize the investment required to provide a greater stay
capability than achievable with sorties alone. By minimizing the investment in this
manner, the outpost itself may be less applicable to Mars, although it may open up
resources that can be focused directly towards Mars missions while meeting a number of
Mars preparation objectives on the Moon (e.g., primarily in terms of partial gravity
exposure and showing exploration progress).
Table 39 shows a campaign based upon the intermediate outpost concept and
using single launch for the crewed missions. The campaign starts with an LSAM test
mission as elsewhere, which again provides an initial flight to the vicinity of the Moon.
The second mission then deploys the intermediate outpost, and the third mission utilizes
the outpost. The mission duration for the utilization mission will probably range from 90
to 180 days depending upon the technologies employed in the outpost and the fraction of
sunlight at the outpost location. This campaign offers the fastest path to a long-duration
stay capability – something that is achieved with the first human lunar mission (third
mission in total). Unlike in previous campaigns, if there is a desire to continue with the
intermediate outpost campaign, a new intermediate outpost would be emplaced on a
dedicated cargo flight and then used by a subsequent crew mission. A campaign with a
series of intermediate outposts could land the outposts in the same location or select
distinct sites, flexibility which could provide additional benefit from a lunar science
perspective. In the remainder of this analysis the intermediate outpost campaign (Case 5)
is considered to be a series of intermediate outposts as described here. In practice,
though, one could also transition from an intermediate outpost to a longer-term outpost
featuring a higher level of closure. We use Case 5a to designate a system with 180 days
of duration per outpost (which is at the higher end of the capabilities predicted for an
intermediate outpost), and 5b to designate a system with 90 days of duration per outpost
(which appears imminently feasible given current technology levels) [Hofstetter, 2006a].

- 130 -

Table 39. Campaign Case #5: Intermediate Outpost with Single Launch Crewed
Flights Mission Sequence.
Mission Launch Vehicles
LSAM
Crew Surface Surface
Purpose
Duration Cargo
Ares I Ares V DS AS
(days)
(mt)
4
1
0
1
1
1 (Orbit)
0
2
LSAM Test
2(+)
0
1
1
0
0
0
20
Deployment
3(+)
0
1
1
1
4
90-180
2
Utilization

5.3 Campaign Cost Comparison
Each of the campaigns described above achieve long duration crewed missions
after a different number of flights and have a number of unique features that will impact
their cost to prepare for human Mars exploration. This section compares the cost of each
campaign for achieving a particular level of Mars preparation. The focus is on cumulative
surface duration as a metric for Mars preparation. As discussed at the beginning of this
chapter there are a number of metrics that can be employed, however cumulative surface
duration will be a significant one of these and is more easily compared in a quantitative
manner. A full assessment of the costs of each campaign is beyond the scope of this
report, instead we focus on the launch costs as a proxy for overall cost. In order to assess
launch costs, we show both the number of Ares V launches and the total number of
launches (meaning of both the Ares I and V) required in order to provide a desired
number of cumulative surface days. We also compare aspects related to the development
schedules for a sub-set of the campaigns under consideration.
The results are presented in Figure 35. The maximum cumulative duration shown
is 600 days, as this is representative of the total surface duration of a Mars mission, and is
thus likely sufficient for Mars mission preparation purposes. The cases presented are the
five campaigns described above, with two variants for the intermediate outpost campaign
based upon the duration that can be supported with an intermediate outpost. It can be
readily seen that the MIT proposed campaigns (cases 3 through 5) offer significant cost
advantages as compared to the NASA proposed campaigns (cases 1 and 2). It is also
interesting to note that even though LAT eliminated the sorties contained in the ESAS
campaign, the LAT campaign is more expensive than the ESAS campaign for cumulative
surface durations over approximately half a year (the total number of launches is equal
after ~60 days of surface duration and the number of Ares V launches is equal after ~160
days of surface duration).
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Lunar Campaign Cost vs. Benefit Comparison
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Figure 35. Comparison of Lunar Campaign Costs (Launch) to Benefit (Surface
Time).
Relative to the LAT campaign, we see the greatest cost reduction coming about as
a result of including dedicated outpost deployment flights. For the mission durations
under consideration, it appears that shifting to single launch, and possibly an intermediate
outpost approach, would result in further cost reductions. The degree to which the
intermediate outpost lowers cost is dependant upon both the duration that can be
supported by the intermediate outpost and the total cumulative surface time desired.
A side effect of having the outpost available early in the dedicated deployment
cases is that the elements to be deployed may need to be ready earlier as well. As
discussed in the campaign descriptions, shifting from an incremental outpost build
strategy (using exclusively crewed flights) to a strategy involving some dedicated cargo
flights need not adversely impact the development cost profiles associated with the lunar
campaign. A comparison of the timing of needs for elements in Case 3 and Case 4
relative to Case 1 is presented in Table 40 in order to highlight this. The number in each
box indicates the mission number at which the element in question is first delivered to the
Moon. This thus can be a proxy for the “need-by” date for each particular element. It can
be seen that with the campaigns we have laid out using dedicated deployments, that only
a small number of elements are required earlier, and potentially a significant number of
elements would not need to be available until later (this is due to the mission phasing in
Case 4). As such, we do not see development phasing as providing a strong incentive to
not employ dedicated cargo deployment flights.
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Table 40. Mission number when each element type first lands on the Moon for
selected campaigns. Green indicates element is required later than in LAT
campaign (Case 1). Gray with N/A indicates element is not required at all. Yellow
indicates element is required earlier than in LAT campaign. DD – Dedicated
Deployment; SL – Single Launch (crewed missions)
Case
Initial
Power
Rover Habitat Surface Power Logistics ISRU
Equip. Generation
Carrier Storage Carrier Plant
1, LAT
1
1
1
2
3
5
9
9
3, DD
1
1
1
3
N/A
4
4
N/A
4, DD & SL
3
3
1
4
N/A
6
5
N/A
Based upon this analysis we find that dedicated cargo delivery flights offer clear
cost advantages for establishing a lunar outpost and preparing for human missions to
Mars. Pursuing an accretion of assets strategy to the exclusion of dedicated cargo flights
does not appear to be worthwhile. The intermediate outpost concept is also worth
exploring as a potential means of saving cost, depending in part upon the cumulative
surface duration desired from the lunar campaign.
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6 Conclusion
This report presented a series of technical and programmatic affordability
strategies that should be considered as part of executing the Vision for Space Exploration.
In developing an exploration program, a set of these affordability strategies can be
combined in order to navigate the constrained budget profile facing NASA while
increasing and speeding the delivery of benefit. The significant findings of this report are
presented below, followed by our resulting recommendations.

6.1 Significant Findings
Based upon the analysis presented in this report, we have come to the following
significant findings:
1) Extended Pre-Descent Loiter (EPDL) can increase lunar sortie performance to
more difficult sites for equal or lower cost, without significantly impacting risk.
Using EPDL can open up a single launch approach for all lunar crewed missions.
2) A single launch approach to lunar crewed missions can decrease the cost and risk
of lunar exploration.
3) A single (common) LSAM descent stage design can support near-optimum single
launch crewed missions, 1.5 launch crewed missions, and dedicated cargo
delivery missions provided the EDS performs a portion of LOI in some use cases.
4) A lunar direct return architecture would be possible with a 1.5 launch approach if
hydrogen-oxygen propulsion is used for lunar ascent and trans-Earth injection or
with a 2 launch approach if methane-oxygen or hypergolic propulsion is used in
its stead, although it is unclear whether switching to a direct return architecture
would be beneficial at this point in time.
5) Lunar ISRU / ECLSS findings
a. Lunar ISRU (ISPP & ISCP) only has a modest potential to decrease the
operating cost of a lunar outpost if high-closure life support systems are
available.
b. Lunar ISRU appears to have little if any linkage towards Mars exploration.
c. Investments in high-closure life support systems will be more beneficial
towards Mars exploration (both in terms of Mars mission life support and
Mars ISRU) than investments in lunar ISRU, and will provide significant
benefits for lunar activities.
d. Even if lunar water ice resources are available, lunar water ice based ISRU
does not offer significant increases in benefit as compared to lunar regolith
oxygen based ISRU.

- 134 -

6) Advanced propulsion (e.g., nuclear thermal, electric propulsion, etc.) is not
required for Mars missions; the Ares V with EDS currently under development by
NASA should be sufficient for Mars exploration launch and trans-Mars injection
requirements.
7) Developing common Moon-Mars exploration systems appears to be quite
feasible, and offers significant benefits in terms of decreasing cost and increasing
the sustainability of human Mars exploration.
8) A lunar exploration campaign intended to prepare for human Mars missions
should focus on three main areas:
a. Testing systems, technologies, and procedures for Mars exploration in an
environment distinct from Earth.
b. Increasing understanding of partial gravity (possibly coupled with
radiation) impacts on crew health and performance.
c. Providing an intermediate milestone for human space exploration efforts.
9) For Mars preparation purposes, the lunar campaign should focus on a lunar
outpost (no sorties), aiming for a cumulative surface duration similar to that of a
Mars mission (~600 days).
10) Using dedicated cargo flights for outpost deployment significantly increases the
affordability of a lunar outpost, makes the outpost systems more applicable to
Mars, and does not negatively impact development timelines, as compared to the
NASA LAT proposed approach of exclusively using crewed mission for outpost
deployment.
11) The low-investment intermediate outpost concept deserves additional
consideration for use in a lunar campaign, particularly if shorter total surface
durations are sufficient for the lunar campaign or as a method of more quickly
enabling long duration stays prior to the emplacement of a long duration outpost.

6.2 Specific Recommendations
We therefore make the following specific recommendations to NASA in their
execution of the Vision for Space Exploration:
1) Use dedicated deployment flights for lunar outpost deployment.
2) Use a single launch approach for lunar crewed missions.
3) Have the EDS perform a portion of LOI for at least some lunar mission types.
4) Use Extended Pre-Descent Loiter when accessing more challenging lunar sites.

- 135 -

5) Develop lunar exploration systems (in particular habitats, surface power, and
surface exploration systems) to be common with Mars exploration systems.
6) Invest in high-closure (water and oxygen) life support systems rather than lunar
ISRU; any lunar ISRU investments should focus towards regolith based oxygen
extraction.
7) Avoid investing in advanced propulsion technologies for Mars missions until
other critical technologies have been developed (e.g., aerocapture/aeroentry, high
closure life support, Mars ISRU, surface power, etc).
8) Investigate the low-investment lunar intermediate outpost concept.
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Appendix A: Capability Analysis of NASA’s Exploration
Launch Vehicles
In order to analyze and design architectures for human moon and Mars
exploration it is very useful to understand the capability of the Ares series of launch
vehicles currently under development by NASA. At present, the vehicles are the Ares I
and the Ares V. NASA’s intent, as outlined in the ESAS report and in subsequent NASA
plans, is to have the Ares I (payload approximately 20 mt to LEO launch vehicle) launch
the CEV for both ISS and lunar missions. For ISS missions, the CEV would carry crew
and/or cargo, rendezvous, and dock with the space station in order to provide crew
transportation and station resupply. In the case of lunar missions, the CEV would
rendezvous and dock with elements (the LSAM and EDS) launched by the Ares V. The
Ares V is a significantly larger vehicle, with a LEO capability on the order of 125 mt to
LEO when utilizing its Earth Departure Stage (EDS) to perform a sub-orbital burn. In the
baseline NASA lunar mission architecture the EDS would send the LSAM and CEV on a
trans-lunar trajectory once the CEV has docked. In addition to supporting crewed lunar
missions in this manner, the Ares V is also intended to support dedicated cargo flights to
the lunar surface in which it along with its EDS can send an LSAM descent stage and
associated cargo on a TLI trajectory in a single launch without Earth orbit rendezvous.
While the cases described above are currently driving the design of the Ares
launch vehicles, it is worth considering other potential applications of the vehicles and
their performance in such cases. It is particularly useful to assess the performance of the
Ares V for alternate missions, as it has a payload capacity significantly beyond any
launch vehicle in current use. In contrast, the LEO performance of the Ares I is quite
similar to a number of existing launch vehicles, including the heavy variants of the US
EELV’s, the Russian Proton, and the European Ariane 5, along with the Falcon 9-S9
presently under development by SpaceX, meaning that alternate LEO missions the Ares I
could perform are reasonably well understood. Potential missions of interest for the Ares
V and its Earth Departure Stage (possibly in combination with the Ares I) include
supporting human missions to Mars and various Near-Earth Objects, deploying large
spacecraft or platforms (such as future space stations) in Earth orbit, launching relatively
large scientific spacecraft on high energy trajectories, and possibly supporting alternate
launch strategies as part of the overall lunar exploration campaign.

Method for Estimating Performance of NASA’s Ares V Launch
Vehicle
At present, NASA has not released performance figures for the Ares V for use
cases outside of the nominal missions for which it is being designed. In particular, in
order to understand its performance for alternate missions, knowing the relationship
between the quantity of propellant remaining in the EDS at LEO versus payloads
delivered to LEO would be quite useful. Using the data released by NASA to date
(notably the TLI payload performance on single launch lunar flights and on 1.5 launch
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lunar flights with an known payload added at LEO), one can estimate this relationship
and thus begin to understand the approximate performance of the Ares V and EDS when
used in alternative missions. As the payload versus EDS propellant remaining in LEO
effectively serves as the interface between the launch system and the in-space system, it
can be quite useful in exploration architecture analysis.
The general method for estimating this relationship is as follows:
1)
Using the TLI cargo, EDS mass at burnout, EDS specific impulse, and
required TLI Delta-V, one can compute the necessary propellant
quantities in order to complete the TLI burn for both the single launch
and 1.5 launch cases using the rocket equation.
2)
Knowing how much mass was added to the trans-lunar stack in LEO in
the 1.5 launch case, one can compute how much payload was originally
launched into LEO on board the Ares V and EDS.
3)
Two data points are thus available regarding the quantity of propellant
remaining in LEO versus Ares V/EDS payload (one from the single
launch case, one from the 1.5 launch case). Although two points clearly
do not by themselves uniquely identify a curve, based upon analysis of
figures included in the ESAS report it appears that a nearly linear
relationship exists, as discussed below.

Relationship between EDS Propellant Remaining in LEO and Payload
Delivered to LEO for ESAS CaLV
Analysis of the Cargo Launch Vehicle (CaLV) performance information provided
in the ESAS report served to determine the relationship between EDS propellant
remaining in LEO to EDS payload delivered to LEO. ESAS provided a figure showing
the TLI capacity of the for the CaLV relative to the payload the CaLV delivered to LEO
(reproduced here in Figure 36) along with a series of specific cases described in the text.
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Figure 36. Figure excerpted from ESAS showing CaLV net TLI (purple curve)
capability versus payload delivered to LEO (denoted by “LSAM Gross Mass” on xaxis). The respective payload added at LEO is shown by the red “Allowable CEV
Mass” curve.
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Figure 37. Lines matched to ESAS figure (slopes, intercepts) and showing data
points described in ESAS text.
Given the known TLI Delta-V, EDS specific impulse, and EDS burnout mass
(provided in the ESAS report), this data could be converted in to propellant remaining in
the EDS at LEO versus payload delivered to LEO by the EDS as described above. In
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order to do this, a figure was created (Figure 37) that matched the figure in ESAS (top
figure above) and also included the data points described in the ESAS report text. From
analyzing the data in the ESAS report text and figure, it was found that a nearly linear
relationship existed between the net TLI capability of CaLV and the payload delivered to
LEO by the CaLV, with the exception of the single launch CaLV point described in the
text (which corresponds with the triangle on the x-axis in the above figure). From our
review of the ESAS report, no explanation is given for why the single launch point fell
below the linear relationship of the other points. It appears plausible that the single
launch TLI capacity listed in the ESAS report may have been the capability required by
the dedicated cargo delivery flight (surface cargo plus LSAM descent stage mass), rather
than the absolute capability of the launch vehicle to TLI. This is consistent with the
discussion on LSAM sizing included in Section 3.3, if one assumes that the EDS is not
allowed to perform a portion of LOI and the LSAM propellant tanks are limiting the
overall cargo delivery capacity. As such, it appears reasonable to assume a linear
relationship between the payload delivered to LEO and the net TLI payload of the ESAS
CaLV.
Once a linear relationship is established between the payload delivered to LEO
and the TLI capacity is established, a linear relationship can be quickly shown to exist
between the EDS propellant remaining in LEO and the payload delivered to LEO as
follows:

Isp = Constant1
dv = Constant2
dv

M
∴ i = e Isp*g = Constant3
Mf

[From Rocket Equation]

M EDS _ Dry = Constant4
M i M prop + M TLI + M EDS _ Dry
=
Mf
M TLI + M EDS _ Dry
M

M prop =  i − 1(M TLI + M EDS _ Dry )
M

 f

∴ M prop = Constant5 *M TLI + Constant6
Since Mprop is linear with MTLI, and MTLI is linear with payload delivered to LEO,
Mprop is linear with payload delivered to LEO.

Estimate of Current Ares V Performance for Alternate Missions
Based upon recent NASA information, it appears that reasonable approximations of
the relevant parameters for the Ares V are as follows:
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1) Single Ares V launch TLI payload = 55,000 kg
2) 1.5 launch TLI = 65,000 kg including 20,000 kg added at LEO (the CEV),
resulting in 45,000 kg of payload being launched with the Ares V and EDS.
3) EDS burnout mass = 19,553 kg
4) EDS specific impulse = 450 s
5) TLI Delta-V = 3,150 m/s
Ares V Capability Analysis
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Figure 38. EDS propellant remaining in LEO vs. payload delivered to LEO.
These values can be used (along with the rocket equation) to compute the EDS
propellant remaining in LEO (after the suborbital burn) as a function of payload. The
resulting values are presented in Figure 38. The y-intercept for a straight line through the
Ares V cases is approximately 135,000 kg, representing the propellant available in an
EDS that is launched on Ares V with no additional payload. The slope of the line is
approximately -1.043, indicating the decrease in propellant in LEO for an increase in
payload delivered to LEO by the EDS.
Using these approximations of the EDS propellant remaining in LEO versus payload
delivered to LEO along with the EDS burnout mass and specific impulse, estimates can
be made of the performance of the Ares V for a multitude of alternate mission concepts.
As the Ares V is still very early in its development and the figures described above are
both approximations and subject to possibly significant change, it is worth remembering
these performance figures are only representative of what may be achievable. As the Ares
V development progresses and the uncertainty regarding its design decreases, higher
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fidelity estimates for the performance of the vehicle around these mission concepts can
be made.
A number of launch options exist that should be considered for missions utilizing
the Ares V. These range from the simplest approach, a single launch of an Ares V and
EDS which injects its payload toward the destination, to more complex approaches
involving multiple launches combined with Earth orbit rendezvous prior to departure. We
specifically consider five launch approaches, although additional options exist and may
be worth additional investigation depending upon the requirements of the mission to be
undertaken.
The five launch approaches considered are:
1) Single launch of Ares V and EDS to inject payload to destination. This is the
current NASA baseline launch approach for lunar dedicated cargo delivery
flights.
2) Launch of one Ares V and EDS with a portion of the total payload,
rendezvous in LEO to pick up remainder of the payload. This launch category
includes the “1.5 Launch” approach selected in ESAS for lunar crewed
missions in which the Ares I delivers the payload added in LEO (which is
assumed to be 20 mt elsewhere in this report).
3) Launch of an EDS on one Ares V without payload, rendezvous with a payload
in LEO separately. This is effectively the limit of case 2 described above, in
that no payload is launched with the EDS that performs departure from LEO.
The launch of the payload into LEO could be on one or more Ares V’s with or
without EDS’s, depending upon the total payload required, although for
purposes of this analysis the details of launching the payload to LEO are not
included.
4) One Ares V and EDS launches a payload into a highly elliptic orbit (HEO). A
second Ares V and EDS without payload launches into the same orbit to
perform a rendezvous with the payload from the first Ares V and EDS. The
second EDS docks with the payload and then performs the remainder of the
Delta-V required by the payload to send it to its destination.
5) Launch of an EDS on one Ares V without additional payload (as in case 3),
combined with a separate launch of an Ares V along with EDS and payload.
The two EDSes and the payload would rendezvous in LEO, followed by the
EDSes performing a staged maneuver to inject the payload towards the
destination. In this case the EDS that launched with the payload would burn
first, propelling the payload and the EDS that launched without the payload
into a higher energy orbit, and then would be staged off. The EDS that
launched without the payload would then complete the maneuver required to
propel the payload towards the destination.
Figure 39 shows the resulting performance (in terms of payload vs. Delta-V) for
each of the launch approaches under consideration. The cases are arranged such that the
performance increases with each case for the performance range presented. The curve for
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Case 3 serves as a limit for the family of curves within Case 2, as once the payload mass
added in LEO equals the total payload, Case 2 becomes Case 3 – for the performance of
Case 2 to extend beyond Case 3 would require a negative payload to be launched with the
EDS that performs the LEO departure maneuver. In comparing Case 4 and Case 5, there
is only a very small difference in performance. This is understandable given that these are
mostly operational options with the same total propellant quantities employed in both
cases – deciding between them would likely be based on the challenges associated with
the particular operations required in each case. The performance presented in Figure 39 is
an approximation of the performance of each case based upon the assumptions outlined
above, rather than results from simulations of the performance for each case. As such,
these results should not be taken as definitive regarding the performance of the Ares V
and EDS, although they can be quite instructive in terms of considerations for alternate
missions. These results are the basis for the launch vehicle performance model utilized
elsewhere in this report.
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Figure 39. Total payload versus LEO departure Delta-V for a series of launch
options. The heavy black curve represents Case 1; the family of curves between the
heavy black and the heavy blue curves represents Case 2, with the heavy red curve
representing the “1.5 launch” approach; the heavy blue curve represents Case 3; the
heavy dark green curve represents Case 4; and the heavy light green curve
represents Case 5.

- 143 -

References
Bartz, C. et al, First Lunar Outpost Support Study, NASA CR-192843, 1993
Brown, E. L., Carr, C. E., Wooster, P.D. The Mars Gravity Biosatellite: A New Platform
for Partial Gravity Research. Presented at the International Society for Gravitational
Physiology, Santa Monica, 4-9 May 2003. Proceedings published in Journal of
Gravitational Physiology.
Bush, President G. W., A Renewed Spirit of Discovery – The President’s Vision for
Space Exploration, The White House, Washington, January 2004
Davidian, K., Prizes, Prize Culture, and NASA’s Centennial Challenges, AIAA-20064074, 4th International Energy Conversion and Engineering Conference and Exhibit, San
Diego, CA, 26-29 June 2006
de Weck, O. L., Jones, M. B., Isoperformance: Analysis and Design of Complex Systems
with Desired Outcomes, Systems Engineering, Vol. 9: 45-61, No. 1, 2006
Drake, B. G. (editor), Reference Mission Version 3: Addendum to the Human
Exploration of Mars, NASA SP-6017-ADD, Johnson Space Center, Houston, Texas,
1998
Draper - MIT Team Concept Exploration and Refinement Study Final Report,
Cambridge, MA, September 2005
DuPont, A. L., Joosten, B. K., Wells, G., Sponaugle, S., First Lunar Outpost (FLO)
Mission Objectives, AIAA 93-0992, AIAA Aerospace Design Conference, February 1619, 1993, Irvine, CA
Eckart, P., The Lunar Base Handbook: An Introduction to Lunar Base Design,
Development, and Operations, Space Technology Series, McGraw-Hill, New York, 1999
Gavin, J. G., “The Apollo Lunar Module (LM) – A Retrospective”, Proceedings of the
53rd International Astronautical Congress, International Academy of Astronautics,
Houston, Texas, October 2002
Goodwin, R., The NASA Mission Reports – Mars, Volume 1, Apogee Books, 2000
Hansen, J. R., “Enchanted Rendezvous: John C. Houbolt and the genesis of the lunarorbit rendezvous concept”, NASA-TM-111236, NASA, 1995
Hoffman, S., Kaplan, D. (editors), The Reference Mission of the NASA Mars
Exploration Study Team, NASA SP-6017, Johnson Space Center, Houston, Texas, 1997

- 144 -

Hofstetter, W., de Weck, O., Crawley E., Modular Building Blocks for Manned
Spacecraft: A Case Study for Moon and Mars Landing Systems, Proceedings of the 15th
Annual International Symposium, International Council on Systems Engineering,
Rochester, New York, July 10-15, 2005
Hofstetter, W. K., Wooster, P. D., Crawley, E. F., Affordable Human Moon and Mars
Exploration through Hardware Commonality, AIAA-2005-6757, AIAA Space 2005,
Long Beach, CA, August 30-September 1, 2005
Hofstetter, W. K., Wooster, P. D., Crawley, E. F., Extending NASA’s Exploration
Systems Architecture Towards Long-Term Crewed Moon and Mars Operations, AIAA2006-5746, AIAA SpaceOps 2006, Rome, Italy, June 19-23, 2006
Hofstetter, W. K., Wooster, P. D., Crawley, E. F., Architecture and Design Options for
NASA’s Lunar Surface Access Module (LSAM), IAC-06-D.2.7, 57th International
Astronautical Congress, 2006
Houbolt, J. C., “Manned Lunar Landing through Use of Lunar Orbit Rendezvous”, v1,
TM-74736, NASA, 1961
Humble, R. W., Henry, G. N., Larson, W. J. (editors), Space Propulsion Analysis and
Design, McGraw-Hill, New York, 1995
JPL, Near Earth Asteroid Database, http://neo.jpl.nasa.gov/cgi-bin/neo_elem, 2005
Larson, W. J., Pranke, L. K. (editors), Human Spaceflight – Mission Analysis and
Design, McGraw-Hill, New York, 2000
Mazanek, D. D., Lepsch, R. A., Saucillo, R. J. (ed.), “Lunar Architecture Broad Trade
Study Final Report”, Version Baseline, ESMD-RQ-0006, NASA, 2004
McConaghy, T., Longuski, J., Byrnes, D., Analysis of Broad Class of Earth-Mars Cycler
Trajectories, AIAA-2002-4420, 2002
NASA, Apollo Program Summary Report, NASA-TM-X-68725, JSC Houston, TX, 1975
NASA, 3rd SEI Technical Interchange Proceedings, NASA-TM-107979, 1992
NASA, Orbital Aggregation & Space Infrastructure Systems (OASIS), The
Revolutionary Aerospace Systems Concepts Preliminary Architecture and Operations
Analysis Report, NASA, 2002
NASA, NASA Selects Contractors for Vision for Space Exploration Studies, Contract
Release: C04-s, September 1, 2004

- 145 -

NASA, NASA's Exploration Systems Architecture Study Final Report, NASA-TM-2005214062, www.sti.nasa.gov, November 2005
NASA, ESAS Appendix 4B (Draft): LOI-Lunar Orbit Loiter Trade, Unpublished, 2005
NASA, Johnson Space Center Request for Information (RFI) on Lunar Lander Concept
Studies Solicitation Number: NNJ06LSAM05L, 2006
NASA, Lunar Architecture Team Presentation, 2nd Space Exploration Conference,
Houston, Texas, December 6, 2006
Rebentisch, E. S., Crawley, E. F., Loureiro, G, Dickmann, J.Q., Catanzaro, S. N., “Using
Stakeholder Value Analysis to Build Exploration Sustainability”, AIAA-2005-2553, 1st
Space Exploration Conference: Continuing the Voyage of Discovery, Orlando, Florida,
30 Jan - 1 Feb 2005
Robertson, E., Geffre, J. (ed.), Lunar Architecture Focused Trade Study Final Report,
Version Baseline, ESMD-RQ-0005, NASA, 2004
Simmons, W. L., Koo, B. H. Y., Crawley, E. F., Mission Mode Architecture Generation
for Moon-Mars Exploration Using an Executable Meta-Language, AIAA-2005-6726,
AIAA Space 2005, August 30-September 1, 2005
Stanley, D., NASA's Exploration Systems Architecture Study Results (Presentation File
From Proceedings), 1st Georgia Tech Space Systems Engineering Conference, November
8-10, 2005
31USC1341, United States Code, Title 31, Section 1341
31USC1352, United States Code, Title 31, Section 1352
Walberg, G. D., How Shall We Go to Mars? A Review of Mission Scenarios, Journal of
Spacecraft and Rockets, Vol. 30, No. 2, 1993, pp. 129–139
Weaver, D., Duke, M. B., and Roberts, B., Mars Exploration Strategies: A Reference
Design Mission, IAF 93-Q.1.383, IAF, 1993
Wooster, P. D., Hofstetter, W. K., Crawley, E. F., Crew Exploration Vehicle Destination
for Human Lunar Exploration: the Lunar Surface, AIAA-2005-6626, AIAA Space 2005,
Long Beach, CA, August 30-September 1, 2005
Wooster, P. D., Hofstetter, W. K., Nadir, W. D., Crawley, E. F., The Mars-Back
Approach: Affordable And Sustainable Exploration Of The Moon, Mars, And Beyond
Using Common Systems, IAC-05-D3.1.06, 56th International Astronautical Congress,
2005

- 146 -

Wooster, P. D., Hofstetter, W. K., Crawley, E. F., The Mars-back Approach to MoonMars Exploration System Commonality, GT-SSEC.E.1, 1st Georgia Tech Space Systems
Engineering Conference, November 8-10, 2005
Wooster, P., Braun, R., Ahn, J., Putnam, Z., Trajectory Options for Human Mars
Missions, AIAA-2006-6308, AIAA/AAS Astrodynamics Specialist Conference and
Exhibit, Keystone, Colorado, Aug. 21-24, 2006
Zubrin, R. M., Baker, D., Gwynne, O., Mars Direct: A Simple, Robust, and CostEffective Architecture for the Space Exploration Initiative, AIAA 91-0326, Aerospace
Sciences Meeting, Reno, NV, January, 1991
Zubrin, R., Weaver, D., Practical Methods for Near-Term Piloted Mars Missions, AIAA1993-2089, 1993
Zubrin, R., The Case For Mars, New York, Touchstone, 1997

- 147 -

